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NOMENCLATURE FOR SECTIONS A AND B:

a = Velocity of sound, ft/s
A B, C = Constants
A = Area, in? ft?
ae = Thermal accommodation coefficient (defined by Equation 257)
Bs = Measure of the eccentricity of the conic section, dimensionless
C = Constant of integration, dimensionless
C = Concentration, mol/g
CA = Nose r'lr'ag r\nnffininnf, dimensionless
Co =| Drag coefficient, dimensionless
Cs =| Skin friction coefficient, dimensionless
Cq =| Specific heat capacity of gas, Btu/lb-°R
Chx =| Heat transfer coefficient, Ib/ft>-s
C =| Lift coefficient, dimensionless
Cp =| Specific heat capacity, constant pressure, Btu/Ib-°R
Cp =| Pressure coefficient, dimensionless
Cy =| Specific heat capacity, constant volume, Btu/Ib<°R
D =| Diameter, ft, in
D =| Drag, Ib
D =| Protuberance width or diameter, ft
d =| Section thickness, ft
E =| Arrhenius constant activation energy, Btu/lb-mole, Kcal/mole
E =| Energy, Btu/ft’-s
Ep =| Re-emitted energy of incidentmolecules, if they had a Maxwellian veglocity
distribution, Btu/ft*-s
E; =| Incident energy, Btu/ft’-s
E, =| Reflected or re-emitted.energy, Btu/ft’-s
E; =| Radiation intensitytof shock layer, watts/cm?®
f =| Defined in Figurey75
Fe =| Centrifugal fotce, Ib
g =| Gravitational'constant at sea level (32.17), ft/s?
gp or pg =| SpecificWeight (density), Ib/ft®
(NOTE:“gp and pg are used interchangeably)
horH =| Altitude, ft
h =| Heat transfer coefficient, Btu/ft?>-s-°R
h = —Specificenthatpy, Btuftb
H = Altitude ratio, dimensionless
AH = Latent heat of melting, Btu/lb
Hgt = Heat of gas formation, Btu/lb
Hy = Heat of cracking, Btu/lb
[ = Specific enthalpy, Btu/lb
i = Orbit inclination angle, deg
J = Mechanical equivalent of heat, 778 ft-Ib/Btu
k = Thermal conductivity, Btu-ft/ft>-h-°F, Btu-ft/ft’-s-°R
K = Reaction rate or collision frequency, 1/s
K = Hypersonic similarity parameter or shock wave parameter (K = M tan 0)
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NOMENCLATURE FOR SECTIONS A AND B (Continued):

Nose drag term, dimensionless

0, one-dimensional body

1, axisymmetric body

Shock shape constants, dimensionless
Effective collision frequency, 1/s
Characteristic body length, ft

Latent heat, Btu/lb
Lift b

15 K21 KS; K4

AXNXN XX

o

Protuberance height, ft

Leeward heat flux ratio, q/q, =0

Mach number, dimensionless

Vehicle mass, |b-s?/ft

Mass injection or loss rate per unit area, Ib/ft’-s

Average molecular weight, mole/g-mole
Molecular weight, g/mole

Order of reaction, dimensionless

Kinetic order of the reaction, dimensionless
N, Number of atoms in compound

| i i
o

Zz5Zz 332
I

Nkn =| Knudsen number (A/L), dimensionless

Nie =| Lewis number (h/ks), dimensionless

Nnu =| Nusselt number (hD/k or gN,,s/ug(h, —h,)), dimensionless

Np; =| Prandtl number (ugcy/k), dimensionless

NRre =| Reynolds number (VDpg/u), dimensionless

Nge s =| Reynolds number based.on wetted length (usspg/pLe), dimensionless
Nre.o =| Reynolds number based on momentum thickness (us6pg/JLe), dimeng
Nsi =| Stanton number ((Nny)/(Nre Ner) = h/pgVc,), dimensionless

P =| Pressure, Ib/ft?

Po,w =| Partial pressure of oxygen at wall, Ib/ft?

g =| Heat flux,-Btu/ft’-s

q =| Dynamic) (impact) pressure, Ib/ft?

Qc =| Net heat conducted into element, Btu/ft?

Qx =| Heat'absorbed in cracking of recombination, Btu/ft?

Q =| (Heat absorbed in reaction, Btu/ft?

Qgg = Heat stored in gas, Btu/ft*

Qss = Heat stored in solid, Btu/ft?

Q* = Effective heat of ablation, Btu/lb

Q; = Heat sink effectiveness (defined by Equation 125), dimensionless
Qy = Effective heat of vaporization (defined by Equation 126), Btu/lb

Recovery factor, dimensionless
Radius, ft, in

_,
Inn

ionless
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NOMENCLATURE FOR SECTIONS A AND B (Continued):

R
R
o
re

—
=

o
=
@

S

W o

(/)m.(j)cn

o

<<gccc~H

()

S

2 3
&
>

TR QR RRLRLRNNS <X XX

Gas constant, ft-Ib/Ib-°R

Universal gas constant, Btu/mole-°R

Base radius, ft

Radius of flight path, ft

Nose radius, ft

Radius of earth, ft

Radius of curvature of bow shock at the axis (rs = 0), ft

Avac £42

Distance along body surface, ft
Entropy, Btu/lb, Btu/mole-°R

Recession rate, ft/s
Side ray heat flux ratio (q/q,-,), dimensionless

Temperature, °R

Thickness, ft, in

Velocity, ft/s

Freestream velocity, ft/s

Boundary layer velocity, ft/s

Velocity at edge of boundary layer, ft/s
Velocity, ft/s

Entry velocity, ft/s

Velocity ratio (V/V,), dimensionless

Final or impact velocity, ft/s

Inertial velocity, ft/s

Satellite velocity, ft/s

Weight, Ib

Windward ray heat\flux ratio (§/§=0)

Ballistic coefficient, Ib/ft*

Characteristic-dimension, ft

Axial length or station, ft

Wetted length from stagnation point, ft
Compressibility factor (Y = pghJ/3.5P), dimensionless
Distance normal to surface, ft

Arrhenius constant, collision frequency, 1/s

Compressibility factor (Z = P/gpRT), dimensionless
Angle-of-attack, deg

Shock wave angle, rad. or deg

Degree of dissociation, dimensionless

Thermal diffusivity, ft?/s

Coefficient of linear expansion, dimensionless
Ballistic coefficient (W/CpA), dimensionless
Stagnation point velocity gradient, 1/s

Constant, dimensionless

Solid area/(solid area + porous area),dimensionless
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NOMENCLATURE FOR SECTIONS A AND B (Continued):

B+

<= "™

(a2}
T

> DD DDDDDD
s @ O

DO < < <E >

gorgp

RIESS S aa aQ

Constant = 1/22,000 ft

Defined by Equation 348

Defined by the title of Figure 152

Ratio of vaporization to melting, dimensionless
Specific heat ratio (cp/c,), dimensionless

Specific heat ratio (for ionized gases), dimensionless

Radial distance from afterbody to dividing streamline, ft

Temperature rise, °R

Stagnation point shock stand-off distance, ft
Flow deflection angle, rad. or deg

Velocity boundary layer thickness, ft

Cone angle, rad. or deg

Boundary layer displacement thickness, ft
Emissivity, emittance, dimensionless
Quantity defined by (y-1)/( y+1), Equation 149
Quantity defined by Equation 312

Flow inclination angle, deg

Momentum boundary layer thickness, ft
Body angle, deg

Deflection angle = angle of attack-+‘half wedge angle, deg
Polar angle, deg

Half cone angle, deg

Entry angle, deg

Shock angle, deg

Sweep angle, deg

Free mean path-ength, ft

Viscosity, Ib/s<ft-for Nre and many other uses, Ib-s/ft? in a few uses
Prandtl-Meyer function, dimensionless

Heat sink/efficiency, dimensionless

Poissen’s ratio, dimensionless

Mass density, Ib-s%/ft* = slugs/ft* = (gp)/32.2
Specific weight (density), Ib/ft®

4 13

(=YW VA ond

QL L Rals 4+ + /4 Q 40" AN
LICialir=puilaitiarnr coriotalit (.01 A TU ), DWI/TL =5~ TN\

Shear stress, Ib/ft?

Time, s, h

Total heating time, s, h

Bank angle, deg

Circumferential angle, deg

Meridian angle, deg

Defined by Equation 364

Interaction parameter, dimensionless
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NOMENCLATURE FOR SECTIONS A AND B (Continued):

v
®

Subscripts:

A

a

adw or aw
axi

o]

OOO323____I_a'_'_'_'_'_'I(Q_"CDCDCDQ.Q.UOOOO'O'U'O'UJ
o

Inertial heating angle, deg
Angular velocity of earth, rad./s

Air
Ablation

Adiabaticonall

Adiabatie-wall
Axisymmetric

Blasius

Base

Blunt or normal shock conditions
Body

Properties determined along dividing streamline

Char

Cold

Conduction

Diffusion controlled
Degradation zone
Dissociation

Local boundary layer edge conditions
Re-entry conditions
Equilibrium

Final

Gas

Heat sink

Based on enthalpy.
Interface, at gas=liquid
Incompressible jflow
Initial
Gaseousmixture
Isothermal

Laminar

Leading edge

Lower

Receiver

Local boundary layer edge
Maximum

Nitrogen

Nose

Reference value

Oxygen

Virgin or original plastic
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NOMENCLATURE FOR SECTIONS A AND B (Continued):

Pointed cone

Conical shock conditions
Reaction

Recovery conditions
Radiation

Radians

Schultz-Grunow
Shock

rad.

Wetted length

Stagnation point

Tangency point

Turbulent

Total

Stagnation point or total conditions behind a normal shock
Upper

Wall

Adiabatic wall temperature (cold wall)
Angle-of-attack

Sweep angle

Sea level conditions

Upstream of shock

Downstream or behind normal shock
Two-dimensional

Freestream conditions

SscH~rHH0 00 W

o

NN =0 > Q
o

=
3

8

Superscripts:

*

Evaluated at reference temperature or enthalpy conditions
Reference conditions

Stagnation.point

After shock

*

N O
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COMMON ABBREVIATIONS FOR SECTIONS A AND B:

Abs
Abs
AEDC
Aero.
AlAA J.
Alt
ARAP
ARDC
ARL
ARS
atm

axi

BF

BL
8203
Btu

C

cm

CN
CO,
CcoO

Co.
conf
Const
convec
cps
deg

dia

dim

Div

E

Eng
Eq.

°F

Fe

FF
FPRE
ft/s, FT/S
ft

ft-1b

g

gas rad
GE-AETM
GE-MSD

Absolute

Absorbed

Arnold Engineering Development Center

Aeronautical

American Institute of Aeronautics and Astronautics Journal.
Altitude

Aeronautical Research Associates of Princeton

Atmosnheric Research Develanment Council
g 134

Aeronautical Research Laboratory
American Rocket Society
Atmosphere
Axisymmetric

Back face

Boundary layer

Boric oxide

British thermal unit
Carbon

Centimeter

Cyano radial

Carbon dioxide gas
Carbon monoxide gas
Company
Configuration
Constant

Convection

Cycles per second
Degree(s)

Diameter
Dimensional

Division

Elastic modulus
Engineering

Equation

Degrees Fahrenheit

lran

Front face

Flat plate reference enthalpy
Feet per second

Feet

Foot-pound

Gram

Gas radiation

General Electric Co. - Aerophysics Engineering Technical Memo

General Electric Co. - Missile Systems Division
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COMMON ABBREVIATIONS FOR SECTIONS A AND B (Continued):

GE-RSD = General Electric Co. - Re-entry Systems Division
Hemi = Hemisphere

Hg = Mercury

H,O = Water

h = Hour

Hz = Hertz

|2 =

IAS =

in =

iso =

J. =

K =

K =

Lab. =

Ib =

Ib/ft> = |Pounds per cubic foot

Li = [Lithium

LMSD = |Lockheed Missiles and Space Division
In = |Logarithm, natural

log = [Logarithm to the base 10

Mg = [Magnesium

Mass = |Massachusetts

Max, max = [Maximum

Mo = [Molybdenum

MSSD = |Missiles and Space Systems Division
MSVD = |Missiles and Space Vehicle Division
N = |North

Na = [Sodium

NACA = |National Advisory Committee for Aeronautics
NASA = |National Aetenautics and Space Administration
NBS = |National'Bureau of Standards

Ni = Nickel

No., no = Number

N2 = [Nitrogen gas

(O] = Oxygen gas

p. = Page

pp. = Pages

°R = Degrees Rankine

rad. = Radians

rad (RAD.) = Radiation or radiative heating

s = Second

S = Sulfur

SiC = Silicon carbide
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COMMON ABBREVIATIONS FOR SECTIONS A AND B (Continued):

SiO,
Tech.
TGA
Ti

TIS

TN

TR

Vol
WADC
WADD
%
=or~
>>

Silica

Technical
Thermogravimetric analysis
Titanium

Technical Information Series
Technical Note

Technical Report

\/olume

Wright Air Development Center
Wright Air Development Division
Percent

Proportional to

Approximately equal to

Much greater than
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SECTION A - BOOST HEAT TRANSFER

1. INTRODUCTION:
1.1 Scope:
The prediction of vehicle temperatures during ascent through the earth’s atmosphere requires an
accurate knowledge of the aerodynamic heating rates occurring at the vehicle surface. Flight
parameters required in heating calculations include the local airstream velocity, pressure, and
temperatur at the hnllndary Igyor nrlgo for the vehicle location in ol 1estionIn ad ition’
thermodynamic and transport air properties are required at these conditions.
Both laminar and turbulent boundary layers occur during the boost trajectory’ Exmerience has
shown that{laminar and turbulent heating are of equivalent importance; Laminar heating
predomineflJ:s in importance in the stagnation areas, but the large afterbody surfages are most
strongly affected by turbulent heating. Once the local flow conditions’and corresponding air
properties have been obtained, the convective heating rate may be calculated for|a particular wall
temperature. This assumes that the boundary layer flow regime (that is, turbulent, laminar, or
transitory) has also been established, so that a heating theary corresponding to the particular flow
conditions may be selected.
This sectioh presents theoretical methods for computing boost vehicle surface aefodynamic
heating rates. First, procedures are given for computing the local flow distributions around the
vehicle. Sg¢cond, methods are given for computing the convective heating rates, Using the flow
parameterg found previously.
1.2 Nomenclatpre:
Refer to thé nomenclature list on page 15.
2. FLOW FIELD CALCULATIONS:
Prediction of|laerodynamic heat transfer depends first on the determination of the applicable flow
field. In practice, knewledge of the surface pressure distribution is essential for hegt transfer
calculations. | Figute 1 is a schematic representation of the flow field about a typical|vehicle during
supersonic flight.>This figure also serves to define flow field terms that will be used|consistently
throughout this-section

-24 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

2.

SUBSONIC FLOW

SONIC ) -/
LI Iy s
(FREE STREAMN £/ EA"_‘

M< |

STAGNAT
CONDITIC

n

(Continued):

In many inst3

sufficiently blunt to produce a detached bow shock. Figure 1 indicates that in additi

shock, other
configuration

The region b
is called the

——
9 Pw, Vw, Mw /,/ ’

SUPERSONIC INVISCID FLOW, —
M> | SHOCK LAYER

g(\od“

oo SHOCK WAVE-BL
INTERACTION

~

GURE 1 - Typical Boost Vehicle Corfiguration and Flow Field Structu
BL = Boundary Layer

nces, the concern is with/the flow about blunted bodies or about bodig

shock waves may be generated as a result of the vehicle geometry. D
, more than one_oblique shock may exist.

punded by.the shock wave and the outer edge of the boundary layer s
5hock layer. This region is important because its structure determines

of surface pr
region, it is a

bssures on the body. Because of the absence of significant viscous fo
so.commonly referred to as the inviscid flow field.

TURBULENT BL X\
ON POINT
NS TRANSITION N
BL REGION o
LAMINAR BL AR
2\
2
BAR

e

s that are
on to the bow
epending on the

nown in Figure 1
the distribution
rces in this

The shock layer, or inviscid flow field, is further divided into a subsonic and supersonic region. The
subsonic portion exists in the vicinity of the stagnation region, where the local velocities are low
(relative to the freestream velocity). Static temperatures are high because of passage of the fluid
through the strong, nearly normal shock wave. The combination of the relatively low velocity and
high temperature levels leads to local Mach numbers below 1 in this region.

The flow, which is compressed as a result of the strong shock, expands as it moves around the
body until a second shock occurs. This expansion increases the velocity, lowers the static
temperature, and at some point the local Mach numbers in the shock layer exceed 1. The dividing

line between

the subsonic and supersonic regions is called the sonic line.
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2.

2.1

(Continued):

Figure 1 also shows the development of a viscous boundary layer on the body. The boundary layer
is initiated at the stagnation point, where it is laminar. It remains laminar for some distance
downstream of the stagnation point until, at some location, various disturbances may cause the

boundary layer to undergo transition from a laminar to a turbulent state. In general,

front moves aft on the vehicle during the boost phase of flight.

this transition

Conflguratlons of the type shown in Flgure 1 may, for the purpose of row field anaIyS|s be broken

down into gepms

in Paragraph| 8.
Isentropic

For the pu
calorically
exception
denotes a

elations:

Const, respectively. In addition

sure distribution

the junction of
scussed in the
ies is presented

pose of approximate flow field calculations, it is castomary to assume a thermally and
perfect gas, that is, P = pgRT and ¢, =
gf flow across shock waves, the flow is assumed isentropic. The term °
eversible adiabatic process. For these conditions, the following relatio

with the
isentropic”

ns apply:

where:

Subscripts 1 and 2 refer to any two points in the flow

ﬂ:(%}y (Eq.1)
P, ap»o
(y=D/v

L_[ij (Eq.2)

T2 P2

—=1+YT1(M2) (Eq.3)
Pt 'Y_1 :|'Y/(Y—1)
—“=[1+—WM Eq.4
A [ o) (Eq.4)

_ 1/(y-1)

ELIS [1+—y 1(|\/|2)} (Eq.5)
gp 2
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2.1

2.2

(Continued):

Normal Shock Relations:

The total temperature relation, Equation 3, is restricted to adiabatic flow only.

The equations for total temperature, pressure, and density are plotted in Figure 2 for y= 1.4.
Tabulations of these quantities may also be found in Reference 1.

From the mass—mementum—and-energy-conservation-equations-and-theperfestgas equation of

state, the fpllowing useful relations may be obtained for flow across a normal she

P, vy+1

P, _2yM.%—(y-1)

gp, _ (y+NM,2

9. (Y-NM_2+2

T _[2yM2 - (y -y “HM.2 +2]

Assuming that y = 1.4, the-preceding ratios have been computed and are plotted i

function of [freestreanidtach number.

T, (y+1)*WM_2
M2 @=NM_2 +2
2 O 2
2yM..7 = (y-1)
P, _[(x M 2" v +1
P, 2 2yM_2—(y—1)

1(y-1)

tk wave:

(Ea.6)

(Ea.7)

(Eq.8)

(Eq.9)

(Eq.10)

n Figure 3 as a
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FIGURE 2 - Isentropic Flow Relations
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FIGURE 3 - Normal Shock Flow Relations
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2.3 Oblique Shock Relations:

24

With the exception of the static-to-total pressure ratio, the perfect gas normal shock relations
tabulated above may be used for oblique shocks if M.. and M, are replaced by their normal
components, M.. sin o and M, (o - 8), where o is the shock wave angle and ¢ is the flow deflection
angle. The application of this technique is also explained in Reference 1, and appropriate charts
are provided for the determination of the shock wave angle.

Figures 4 through 6 present the pressure and temperature ratros and the Mach number as

and density
gas shock

Real gas e
shown in F
on the 195
points of th

For a given
be used to

¢ shock relations for a perfect gas no longer hold. As an gxample, both

ratios across a normal shock at M.. = 20 would be in gfror by over 10
relations.

quilibrium quantities as a function of M., sin o,-where o is the oblique s
gures 7 through 11. These curves are reproduced from Reference 2 &
D ARDC atmosphere. The shock functions’shown were calculated for

e isothermal atmosphere regions.

freestream Mach number and twoe=dimensional flow deflection angle (
obtain the shock angle parameter (M.. sin o). This quantity and a knov

the ratios To/T.., P2/P.., gp2/gp.., V./V2, and is/i.. to be read from Figures 8 through

For the real gas case of air in dissociated equilibrium, a useful relation between th

and freestr

For high M

eam Mach number isigiven by (Reference 3)

Po 197 M, 202

oo

ach numbers the perfect gas pressure ratio relation, Equation 10, redu

nd the normal
temperature
D%, using ideal

hock angle, are
nd are based
he terminal

b), Figure 7 may
vn altitude allow
10.

e pressure ratio

(Eq.11)

ces to

—2 =289 M_>

oo

(Eq.12)

Thus, real gas effects do not significantly change the pressure ratio from the perfect gas value.
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FIGURE 4 - Pressure Ratio Across an
Oblique Shock (Perfect Gas, y= 1.4)
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2.4 (Continued):

2.5

26

At higher Mach numbers a finite rate nonequilibrium chemistry will exist which is between the
limiting cases of infinite reaction rates (equilibrium) and zero recombination rates (frozen). At
flight altitudes below 100,000 ft, the flow will be close to thermochemical equilibrium. It is also a
good approximation to assume frozen-flow for the expansion about the body at higher altitudes.
For equilibrium, one can use a Mollier diagram by expanding along an isentrope from the
conditions behind the shock to the body pressure. For frozen flow, one can use Yxozen from
Figure 11 in the isentropic Equations 1 and 2.

The Newto

A common

particle model. This model postulates discrete noninteracting particlessimpacting
ne approaching stream loses all its normal momentum component to th
omponent remains unaltered. A momentum balance fer a windward body element

surface. T
tangential (
results in th

where:

dis tH
that id

Modified N

Equation 1
resulting e

where:

hian Approximation:

method for predicting surface pressure distributions is based on'the N

e following expression for the pressure coefficient:

Cp,=2sin*$

e angle between the freestream velogity and the local body surface ta
, at the stagnation point, 6 = 90 deg

bwtonian:

B is sometimes modified-to match experimental data at the stagnation
pression is known as.the modified Newtonian approximation and is gi

C, P-P

oo

Py —P

oo

=sin®$

Cp,max

Cp,ma

=-Pressure coefficient at stagnation point

bwtonian
upon the body

e body, but the

(Eq.13)

hgent;

point. The

en by

(Eq.14)
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2.6

2.7

(Continued):

This relation has been extensively compared with theory and adequately predicts the pressure in
the vicinity of the stagnation point. Assuming the shock layer fluid in the stagnation point vicinity

to be incompressible, the normal shock continuity and momentum equations provide an

approximat

ion of C, max Where

—9_9P1
ap2

C

p,max

where:

Subs
wave

The modifig
2.7), for ali

The deriva
that M.. 6 >
vector. Th
method be
good corre

Prandtl-Me|

A solution f

initial conditions, the magnitude of the Mach number at any point depends only or

direction at

The results
number are
local point

The relatio
dimensiond

cripts 1 and 2 denote conditions upstream and downstream from the d¢
respectively

bd Newtonian pressure distribution, combined with a Rrandtl-Meyer ex|
emisphere is presented in Figure 12.

ion of either the Newtonian or modified Newtenian equation makes the
> 1, where 9§ is the angle between the surface’tangent and the freestre
s means that as the velocity decreases.otdthe body becomes parallel t
comes increasingly inaccurate. The modified Newtonian method has,
ation with other methods even in the;low supersonic regime (M = 2).

ver Flow:
or supersonic inviscid flow.is available for corner type flows. In such 4
that point. Figure 43'illustrates the Prandtl-Meyer corner flow.
of the theory.are’very simple, since the direction of flow and the upstrs
sufficient te~determine the downstream Mach number, which in turn d

functions of‘that Mach number.

N between the flow inclination 6 and the Mach number M in an isentrop
I‘eompression, or expansion by turning, is

(Eq.15)

btached shock

bansion (see

assumption
am velocity

b the flow, the
nowever, given

flow, for given

the flow

bam Mach
etermines all the

ic two-

where:

NG 1 12
—9+C= (ﬂj tan™’ KL) (M? - 1)} —tan'(M? —1)"2
y—1 Y+2

C = Constant of integration

(Eq.16)
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2.7 (Continued):

The right-h
integration
6 and the H

1. For exg

2. For con

where:

Subs
respe

Although th

- i M2

FIGURE 13 - Prandtl-Meyer Expansion

and side of Equation 16 is called the Prandtl-Meyer function, v(M). Th
is chosen such that v(1) = 0. The resulting relations’between the flow
randtl-Meyer functions are:
ansion,

Vo -Vq1 = |92 —91|

hpression,

Vo -Vq=- |92—91|

Cripts 1 and 2 refer to conditions upstream and downstream from the e
ctively

e Prandtl-Meyer theory applies only to a single boundary problem, it ¢

construct the flow/in any plane symmetric problem by breaking the expansion zon

regions of

constant flow conditions. Each region is assumed to be separated by

b constant of
inclination angle

(Eq.17)

(Eq.18)

Xxpansion,

BN be used to
es into several
veak expansion

shock bour

daries. For a given initial Mach number and change In flow detlection

angle, the

resulting Mach number may be obtained from tabular values of v(M). Such tables are contained
in Reference 1 fory=1.4.

It has been demonstrated that the surface pressure distribution for a blunt body can be predicted
by combining the modified Newtonian and Prandtl-Meyer expansion methods. The technique is to
utilize modified Newtonian theory from the stagnation point to the point where the pressure
gradient equals that computed by using the Prandtl-Meyer method. A Prandtl-Meyer solution is
then introduced, starting with the Newtonian pressure.
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2.8 Taylor-Maccoll Cone Theory:

The inviscid flow around a cone at zero angle of attack is axially symmetric and can, therefore, be
described in terms of two independent space coordinates. Because of the axial symmetry, all
stream properties are constant on conical surfaces having a common vertex. Taylor and Maccoll
derived a nonlinear differential equation describing the flow about a cone. By utilizing the energy
equation derived from the mass conservation relations for steady, nonviscous flow, they arrived at
the following differential equation:

d?(V/c)| §=F |LC1V/CJ7 _Ly— IJ /1_v_° 1
de? ||2 \ do 2 L c? JJ
X ) ) s (Eq.19)
:(y—1)[1--v—2j M+V—‘1(1—V—2j cote 9V/€ +(—y)!(d\”c) —(7—4) cote(—j\”cj
c)C 2 C de C\ dé 2 do
The constgnt C is the maximum attainable speed for a gas, that is; the speed produced by

expansion

Results of
surface prg
number va
may be de
results of t

e

l

nto a vacuum.

his theory are plotted in Figures 14 through 16." Figures 14 and 15 pre

ssure and temperature, respectively, in ratio'to freestream values. Co
iation is illustrated in Figure 16. From these curves, additional conical

is theory are contained in References 1 and 4.

For the re

gas case of air in dissociated equilibrium, Romig (Reference 5) has ¢

cone flow quantities. These calculations are based on a constant freestream tem
490 °R. A portion of Romig’s results’are plotted in Figures 17 and 18, showing th
ratio and velocity parameter as functions of the hypersonic similarity parameter

V.. sin 0,/1

*. Approximate rélations, valid to about +2%, are given by:

1.93

rmined, using the isentropic flow relations. Additional presentation of

sent the cone
ne surface Mach
flow quantities
the perfect gas

blculated the
perature of
P cone pressure

V.2 V2 =1131x10° % (Eq.20)
. 1.96
:’—C 1237 [Voo;'? 90] (Eq.21)
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FIGURE 14 - Cone Surface Pressure to Freestream Pressure Ratio (y= 1.4)
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FIGURE 15 - Cone Surface Temperature to Freestream Temperature (y = 1.4)
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FIGURE 18 - Real Gas Cone Pressure Ratio
(T..=490 °R, 10* < P. < 10" atm)
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2.9

2.10

2.1

Tangent Cone:

The tangent cone approximation states that the pressure at any point on the surface of a body of
revolution at arbitrary angles of pitch and yaw is identical with that on a semi-infinite unyawed
circular cone of half-angle equal to the local inclination of the streamline with respect to the flight

direction.

The equation for the local inviscid pressure is given by

L al
- £y 2 2 Y+l
—=1+L—J k2 —1)+y(ke —k,)?-
o=y (7 -7 k) [(v—m(z/ksz)J
where:
5 112
kS: ’Y_Hj kC+ (’Y_Hj k02+i
v+3 v+3 v+3
kc= ocec

This methgd applies for angles only between 0 and-90 deg. Reference 1 contains
equations of local pressure coefficient based.on;this method.

Tangent Wedge:

This method is very similar to the-tangent cone method except that the local pre
calculatign is based upon a two-dimensional oblique shock instead of a three-di

mensional

(Eq.22)

(Eq.23)

(Eq.24)

5 graphs and

ssure coefficient

conical shock. Equations and\graphs of local pressure coefficient for the tangent wedge are

also found in Reference 1.
Expansians to Zero Bressure Coefficient:

At many yehiclestocations it is possible to assume that the local flow has passeg
normal shock.wave and expanded to freestream static pressure; that is,

through a

P —P.

p 1 )
— V
[29) 9P=-Ve.

O
Il
I

0

(Eq.25)
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2.11

212

(Continued):

For most blunted vehicles with length-to-diameter ratios of about 5 or less, studies have shown
that all fluid in the boundary layer passes through the near normal portion of the shock wave
(Reference 6). Zero angle of attack blunted cylinders and flat plates are possible examples of
such configurations. For these conditions, it is possible to calculate the inviscid flow quantities
using the perfect gas isentropic and normal shock relations discussed previously.

Shown in Flgures 19 and 20 are the temperature Mach number, and Reynolds number ratios

Expansign to zero pressure coefficient is also frequently assumed for cone-Cylin

configura

isentropic
calculatig

Applicatig

Various n
pressure
the press
body of r
methods
to the foll

1.

Theo
Newt

Theo
tange

At log
static
assur

ions. Local flow properties on the cylinder surface may be calculated
n for a 15 deg semi-apex angle cone-cylinder is shown:in Figure 21.
ns:

nethods for predicting pressure can be used.on a single vehicle. To ol
distribution on the entire vehicle, it is necessary to match the pressure

bvolution can be broken into sectionsito be solved by various methods
that can be used for each section,is’shown in Figure 22, on which the
pwing items:

ies that can be used in the'stagnation region are the Newtonian and n
bNnian.

ies that can be used'in this region are the Taylor-Maccoll cone solutio
nt cone.

ations closeto cone-frustum-cylinder intersections, the flow tends to o
pressures‘less than freestream. A two-dimensional Prandtl-Meyer ex
hed tOroccur at the cone-cylinder intersection.

|S P1 P...
der
by using the

relations and the cone flow solutions discussed previously: An example of one such

tain the inviscid
5 and slope of

ure at the junction of the two methods.«An example of how a complicated composite

and the various
numerals refer

odified

n and the

berexpand to
pbansion may be

For cy

/lindrical vehicle sections at zero nngln of attack a common method u
HAgHcalehic: Hons-at-Zero-ahng I SHacKk—a MRRoR-Metnog-U

s5ed in obtaining

the local static pressure is to assume a zero pressure coefficient at the location in question.
This approximation is usually made at locations downstream from cone-frustum-cylinder
intersections so that overexpansions and recompressions of the flow have had sufficient
distance to take place.

For small expansions, the local problem of having separated flow at the aft end of this region
should not affect the pressure obtained by using the Prandtl-Meyer expansion.
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FIGURE [19 - Property Ratios Across a Normal Shock, Expanded to Freestream|Pressure

-49 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

1.0 I | | | n |
0.8 |-

0.6

Ll 11

NReJ/NRe, 0

o O
o o ©
©

(o2}

o

o

g
T

0.02 7]

oot L—LO L 11

FIGURE 20 - Reynolds.Number Ratio Across a Normal Shock, Expanded to Freestream Pressure
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FIGURE 21 - Flow Field Parameters for a 15 deg Half-Angle
Sharp Cone, Expanded to Freestream Pressure

FIGURE 22 - Example of a Body Broken Into Sections for Analysis
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212

6.

(Continued):

In the region aft of the point of reattachment an

The forward portion of this section will be in separated flow, with the flow reattaching
somewhat aft of this region.

d in front of the

point of separation due to surface 7, the assumption of a zero pressure coefficient is

reaso

nable.

At the cylinder-cone-frustum intersection, an oblique shock is generated, owing to the flow

compressmn Usmg the flow propertles previously obtalned for the cyllndrlcal section, it is a

variat
shoc

In additio
at the loc
6), the log
compute
in cone a
conical) t
the nose
location.
assumed

Besides the theories discussed in the previous paragraphs, which permit useful

obtained
digital co
method @
calculatin
with som

3. AIR PROPEI

Once the vel
determined,
obtained. At

onin the computed propertles WI|| result, dependlng on whether acon
is assumed at the intersection.

to static pressure, a second local flow property is required.to-determi
ation of interest. At locations downstream of the nose shock only (locg
al total pressure ratio to the freestream total pressure should range bg
| across a normal shock wave and a conical shock generated by a poir
gle to the nose cone value. The selection of whichtype shock wave
hat most nearly approximates the correct loss.indotal pressure is depe
bluntness ratio and distance downstream fromthe vehicle nose to the
For length-to-nose diameter ratios of 5 or.less, a normal nose shock is

from hand calculations, additional analytical techniques available requ
mputers. Examples include .the-Van Dyke blunt body solution and the
f characteristics. The primary justification for the use of approximate t
g inviscid flow fields is that results can be achieved in a relatively shori
b sacrifice in accuraay.

RTY RELATIONS;

Dcity, statictemperature, and pressure distribution around the body ha
poundary.layer edge thermodynamic and transport air property values
temperatures below about 3500 °R, air may be considered a thermally

obeying the Tquation of state:

hock. Some
cal or wedge

ne fully the flow
tions 1 through
rtween that
ted cone equal
normal or
ndent on both
particular
usually

results to be
re the use of
vell-known
echniques in
time, although

e been
may be
perfect gas,

P = pgRT

(Eq.26)

At higher temperatures, thermodynamic air properties have been tabulated and are presented in
Section 2A of AIR 1168/9. For the temperature range 180 to 3600 °R, the well-known Sutherland

viscosity rela

tion may be used

-|-3/2

W=227x10"°% ——
T+1986

(Eq.27)
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3.

4.

4.1

4.2

(Continued):

This relation is shown in Figure 23. For approximate calculations the viscosity-temperature relation
is often taken as p ~ T®’. Thermal conductivity values of air for the temperature range

200 to 1800 °R are plotted in Figure 24. A reasonable assumption for the Prandtl number of air for
the temperature range 180 to 3600 °R is

Np, = Const = 0.71

AERODYNA

Heat Trangfer Coefficient:

Similar to |
through a h

At very hig
of the ener
definition o

Frequently
Nusselt nu

Adiabatic V/

TIAl L Al

AL L A e PN U=
VITO TTEATING DETFTINTTTUINO.

eat transfer coefficient h, which is defined by
q = h(Taw - Tw)
n temperatures, where real gas effects become important, enthalpy is 3

gy potential than is temperature. This fact issaccounted for through an
f the heat transfer coefficient, based on enthalpy difference:

q= hi(iaw - |w)

the heat transfer coefficient is_expressed nondimensionally as either a
mber:
h
St =
ngcp
hx
Ny =—
Nu K

Vall Temperature and Enthalpy:

(Eq.28)

pw speed flows, the high velocity convection process is conventionally expressed

(Eq.29)
y better criterion
alternate

(Eq.30)
Stanton or

(Eq.31)

(Eq.32)

The adiaba

ticimvall tamnaratiira and anthalnyg ara tha tamnaratiira and anthalnyg i
tHo-WaHteperattreaha-eithapyarethetemperatdireaRa-ehthap W

nich the wall

surface assumes for zero heat transfer. These qualities are expressed by a dimensionless

parameter

where:

r, called the recovery factor, and defined as

Taw _T1 — iaw _i1
T-T iy~

r=

Subscript 1 denotes the local (edge of boundary layer) condition

(Eq.33)
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FIGURE 23 - Viscosity of Air (Equation 27)
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FIGURE 24 - Thermal Conductivity of Air
4.2 (Continued):

From the re¢lations for total temperature and enthalpy, namely,

V,2

Tt=T1+
2gJc,

VA
Iy =y +—
2g9J

the expressions for adiabatic wall temperature and enthalpy become

Tow =Ty 41 Vi
2gJc,

2

iy =g +F——

29J

(Eq.34)

(Eq.35)

(Eq.36)

(Eq.37)
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4.2 (Continued):

4.3

For a perfe

ct gas, the temperature relation is alternatively
Tow =T (1+r—7 - Mﬁ)

Generally, the recovery factor for air is taken as

Using thes
Figures 25
temperatur|
velocities t

Local Skin

The local s
dynamic p

This quantity is of particular interest for heating calculation since it is related to the

nondimens|

For incomg

F=(Npr) "2 = 0.85 for laminar flow
r = (Np,)"® = 0.90 for turbulent flow

b values for the recovery factor, perfect gas adiabatic wall temperature
and 26 versus freestream Mach number. These curves assume a cor
e equal to 415 °R, and may be easily corrected for other temperatures
nese temperature are incorrect because of real gas‘effects.

Friction Coefficient:

kin friction coefficient is, by definition, equal to the ratio of local shearin
essure; that is,

Tw

:1—2
— V.
(Zgjgm 1

Ct

onal heat transfer ¢oefficient through the modified Reynolds analogy:
h Cs -2/3
Nst=———=- (Np
" (pgnVic, 2 (Ner)

ressible flows, the local skin friction coefficient is a function of the loca

number on

At high

Reynolds

y -and may be abtained from the following relations:

¢ = 0.664 (Nge)>® (laminar flow/flat plate)

cr = 0.023 (Ngre)™'™ (turbulent flow/flat plate)

The preceding equations are due to Blasius (laminar) and Nikuradse (turbulent).

(Eq.38)

(Eq.39)

(Eq.40)

5 are plotted in
stant freestream

g stress to the

(Eq.41)

(Eq.42)

(Eq.43)

(Eq.44)
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FIGURE 25 - Laminar Adiabatic Wall*Temperature (T.. = 415 °R)
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FIGURE 26 - Turbulent Adiabatic Wall Temperature (T.. = 415 °R)
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5. REFERENCE TEMPERATURE - ENTHALPY CONCEPT:

In addition to Reynolds number, the skin friction coefficient for high velocity flow is a function of both
the local Mach number and the wall-to-freestream static temperature ratio. By using a suitably
defined reference temperature for evaluating the air flow properties, it is possible to eliminate the
dependence of the skin friction coefficient on Mach number and temperature ratio (Reference 7).
This temperature allows the incompressible skin friction relations to be employed for high velocity

compressible

The referenc

flow.

temnerature relation for hoth laminar and turbulent flow is aiven by
1 g P/

For a perfect

This relation s shown in Figure 27 for r = 0.85 and 0.9.

When the temperature variation within the boundary:layer is so large that the specif

varies consig
temperatureg

and a referel]

6. HEATING R

6.1 Flat Plates

ELATIONS:

T*=0.22T,, + 0.28T4 + 0.50T,,

gas, Equation 45 may be written in terms of Mach numbers.as

LIy (T—W+ 1} +0.044rM2
T1 1

erably, heating calculations should be based on enthalpies rather than
. The Stanton number relation becomes

__h
pgVc,

Nt

ce enthalpy is used for'the property evaluation, given by

i* = 0.22i,, + 0.28iy + 0.50iy,

(Eq.45)

(Eq.46)

¢ heat of the air

on

Calculatior

forfamimar; turbutent, andtransition flowsaregiverrimthe paragrapt

below.

(Eq.47)

(Eq.48)
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6.1.1

FIGU
(Solid Lin

Laminar
temperat

T

’,l /’/ 4”7
C otd s =
g - g
kY L e’ =7 24
e
Z / %

2 cid
- <2 z”
2 3

N
(7]
&
(3]
[}
~
x®

Tw/ Ty

RE 27 - Reference Temperature Versus Boundary Layer Edge Tempe
bs are Turbulent Boundary-Layers; Dashed Lines are Laminar Bounda

Flow: The recommended relation for calculation of laminar heat transfq
ire flat plate is.obtained from the modified Reynolds analogy and the B

for skin fijiction coefficient:

o T \-1/2 2/3
N_, =0-332(N_ ) "(N;,)

rature
'y Layers)

Br on a uniform
lasius equation

(Eq.49)

where the Stanton number may be based on either temperature or enthalpy. The asterisk
superscripts denote property evaluation at the reference temperature or enthalpy. An alternate
expression, in terms of Nusselt number, may be written when the reference temperature is
employed:

o *\1/2 1/3
N, =0-332(N_ )"*(N;,)

(Eq.50)

-59-



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

6.1.1

6.1.2

6.1.3

(Continued):

A single equation, in terms of primary flow variables, for computing laminar flat plate convective
heating applicable to flight velocities from 3600 to 36,500 ft/s is given in Reference 8 as

172 —0.051 3.21 .
q=1.17x10° |1 YL 9P [Tw] [V—og] 112 (Eq.51)
x V_ gp, 900 10 iy
[ > A
This relation assumes P = LZ_ gpme2 , Which is the Newtonian stagnation pressure,
g

neglecting P...

A simplified relation for the heat transfer coefficient valid for the temperature rarjge
100 < T 42000 °R is given by (Reference 9)

12
h=206x10"° (%) (Eq.52)
X

Use of Equations 49 to 52 should be restricted tothe Reynolds number range, N R*e£105.

Turbulent Flow: For Reynolds numbers greater than 10°, the following reference temperature
relation i§ recommended:

Njy= 0-0126(Ng, )061(Np, )03 (Eq.53)

This equation has been extensively verified by comparisons with flight data (Reference 10), and
is valid fdr the Mach numberrange 1 <M, < 7.

Transition Flow: Forthe Reynolds number range 10° < N;e < 10°, the boundary layer flow is
usually transitory-in nature. An equation for heating prediction for this Nre range is given by

Ny, =5.85x10-5(Ng, )54 (N, )'® (Eq.54)

The properties in this relation are evaluated at the reference temperature, Equation 45.

Equations 49 to 54 for flat plate heating may also be employed for cylindrical sections as long
as the cylinder radius is large in comparison with the boundary layer thickness.
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6.2 Cone and Cone Frustums:

6.3

6.3.1

For equal boundary layer edge flow conditions, the heating rate to a cone will be higher than to a
flat plate, owing to the thinner boundary layer associated with the conical flow. By using a
Mangler transformation, it can be shown that the heating rate at a distance x from the apex of a
cone with laminar boundary layer is equal to the heating rate at a distance x/3 from the leading
edge of a flat plate, flow conditions immediately outside the boundary layer being the same.

With the Blasius laminar skin friction relation, the equation for Stanton number on a cone

becomes

The heat transfer rates on a cone for turbulent flow at zero angle of attaek can als
from flat plate heating formulas. The heating rate at a distance x from'the apex of
turbulent bpundary layer is equal to the heating rate on a flat platejat a distance x
leading edge of the plate, flow conditions immediately outsidethe boundary layer
Thus, any of the formulas for the predicting turbulent flat plate heating rates can

predict he
Stagnation

Due to the
Various rel
below.

Fay and
obtained
Numerica
10,400 B
boundary

Nz, =+/3[0.332(N, )"/2(N, )-2/%]

ing rates on a cone.
Points:

severity of stagnation heating rates;considerable study has been give
btions for computing laminar stagnation heating to bodies of revolution

Riddell Solution: An exactsolution for laminar stagnation point heat trg
by Fay and Riddell (Reference 11), who considered both equilibrium a
| solutions were obtained for the range of variables, 540 < T,, < 5400 °
fu/lb (corresponding to 5800 < V.. < 22,800 ft/s). The actual gpu variat
layer was determined. Their numerical solutions correlated to the foll

0.1

Publy | (g B)"2

1

14 (N2 —1)'.1‘
It

g5=0.763 (N;,) °° (i, - ‘W)[

1

(Eq.55)

o be determined
a cone with

2 from the
being the same.
be used to

n to this region.
are summarized

nsfer was

nd frozen flow.

R, 670 <i; <

on through the

bwing equation:

(Eq.56)

where:

o=
o=

0.52 for equilibrium flow
0.63 for frozen flow

Although this solution is based on the Sutherland formula for viscosity, a Prandtl number of 0.71
and a Lewis number constant through the boundary layer, the authors note that it should be
valid for values of these parameters differing not too markedly from the values employed in the
numerical solution.

-61 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

6.3.2 Lees Solution: Lees (Reference 12) has presented a solution for laminar heat transfer to the
stagnation point of a body of revolution for the cases of dissociation equilibrium with unit Lewis
number and chemically frozen flow with arbitrary Lewis number. For dissociation equilibrium,

and for fr

Lees ass
and a hig
6.3.3 Romig S¢
enthalpy

Although

than a sg

heating r
6.3.4 Hoshizak
convectiV
flow. The
total ther
< V. < 5(
and ener
assumed

Hoshizak

qs = 0.71 (Np)?? iy (gpapiB)™

ozen flow,

]

(Eq.57)

(Eq.58)

Qe = 0.71 (Ne )22 iy (gpapsR)" [1 + { (N, 23— 1}

Iy |

bmed gpu = gp1s and Np, = Const = 0.71, viscosity based on Lennard
hly cooled wall, so that iy, << i1+

plution: Romig (Reference 13) derived a simplified formula, based on t
method, by assuming M.. >> 1, Np, = 1, T.. = 400 °R;, and a highly coolg

b j 12
RN

Romig’s reference enthalpy equation:is an extrapolation of a low-spee
lution of the appropriate boundary.layer equations, it has been shown
htes in fairly good agreement wijth the Fay-Riddell equation (Equation 4

g = 0.0145M_3"1 (

i Solution: Hoshizaki (Reference 14) has investigated the hyperveloci
e heating to an axisymmetric blunt body for the case of equilibrium bo
» effects of dissociation and ionization have been taken into account by
modynamic and transport property concept. Heat transfer rates were g
,000 ft/s, 0.001(<,P.. < 100 atm, and 540 < T,, < 5400 °R by solving th¢
jy equations.by - successive approximation. Prandtl number and Lewis
variable,

i’'s numerical results for heat transfer correlated to the equation

rJones potential,

he reference
bd wall:

(Eq.59)

d solution rather
0 predict
6).

laminar
ndary layer
means of the
btained for 6000
2 momentum
number were

0112 169

where:

C=

T

w

900

V

[0.9]

- C Yoo
9 10*

erwuw [

| [

I

4.32 x 10* Btu/slug

pw = slugs/ft®

(Eq.60)
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6.3.4

(Continued):

This equation yields results that differ by less than 6% from the Fay-Riddell equation
(Equation 56) for 6000 < V.. < 26,000 ft/s and is in slightly simpler form for engineering
calculations. Below 6000 ft/s the Hoshizaki prediction decreases rapidly in comparison to the
Fay-Riddell prediction.

For a modified Newtonian flow, the stagnation point velocity gradient is given by

(Eq.61)

(Eq.62)

(Eq.63)

ility factor at the

= 21/2
B_irﬁ—mJ
Rn Pt

For air at/hypervelocities, N . = 1.4, iq is the dissociation enthalpy and. may be approximated by
(Referenge 15)
For 1<Z2<1.21,i4=8331Z - 8272
For 1.21<Z<2Z,, iqg= 14,0322~ 15,205
where:

Z =|Compressibility factor defined by Z =P/pgRT
The uppar limit of applicability of Equation 63, Z., is the value of the compressib
onset of gignificant ionization (107 electrons per initial atom). Figure 28 presenf

function ¢

f density ratio gp/gpo.

s Z.as a
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1.5

14 l | I | |
106 10% 104 103,102 107 1

apP/9Ps

FIGURE 28 - Air Compression;Factor at Onset of lonization
(10 Electrons/Initial Air‘Atom); (pg), = 0.0807 Ib/ft®

6.3.4 (Continugd):

The ratio|between stagnation-point heat transfer to bodies of revolution and twofdimensional
bodies cgn be expressed-asfollows:

12
s, axi ~ 2112 ( Paxi j (Eq.64)
Qs,2-dim B2—dim

For bodigs-of'the same nose radius and with freestream Mach numbers greater|than
approximately 2, Equation 64 reduces o

Os,axi = 21/2 (QS,Z-dim) (EQG5)

Thus, the formulas given above for bodies of revolution may also be employed for two-
dimensional bodies.
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6.4 Heat Transfer Distribution on a Blunt Body:
The preferred method of calculating laminar boundary layer heat transfer distributions is that

suggested by Lees in Reference 12. The fundamental input parameter in the calculation is the
surface pressure distribution. Lees’ results may be expressed as

(1/2)(Py IP)(Vy IV )Ry 2 1

= (Eq.66)

q

as V2 V2

U [eeros VeS| [ 1 (v ]
L\vlno - de 757

Figure 29 gresents the heating distribution on a hemisphere for the case of.a modified Newtonian-
Prandtl-Meyer pressure distribution with freestream Mach number as a parameter.

110 ] [
0l8 — ]
o6 |— 2| —
< | L
O
ol |— ﬂ‘&_ke
ol2 +— _/
100 )
l | | I | | |

0 10 20 30 40 50 60 70 80
0, DEG

FIGURE 29 - Laminar Heating Distribution on a Hemisphere

Heat transfer distributions for a family of blunted cones are presented in Figures 30 through 34.
These calculations utilize the modified Newtonian-Prandtl-Meyer method for estimating pressure
variations.
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10 - T T 16 |
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FIGURE 30 - Blunted Cone Laminar HeatingDistribution; M.. = 2

a/qs

FIGURE 31 - Blunted Cone Laminar Heating Distribution; M.. = 4
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FIGURE 32 - Blunted Cone Laminar Heating Distribution; M.. = 6

a/qs

U
0O 04 08 12 16 20 24 28
S/RN

FIGURE 33 - Blunted Cone Laminar Heating Distribution; M.. = 10
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7. NONISOTHE
The equation
temperature.

the wall heat
and 17):

q(xn ) = hisc

In this equati

isothermal heat transfer coefficient hig, is given by

1.0
0.8
0.6
£
© 04
0.2
0 ||| 197
0 04 08 12 16 20 24 28
S/RN

FIGURE 34 - Blunted Cone Laminar Heating Distribution; M.. = 100

RMAL WALL HEAT TRANSFER:
s and methods listed previously have:been derived for the case of con

For a continuous wall temperature‘variation and a constant property
ng rate at location x, may be calculated from the following expression

{Cw,e + A(Cw,n - Cw,o) + B(AX / X)[_Cw,o - 2Cw,1 - 2Cw,2' ' '2Cw,n—1 + (2n - 1)Cw,n

pn, C, = (T - T4w)rindicates an arbitrary variation of the temperature pg

a0 = O &) (o) (Npr)

The constantsA; B, C,andmare dependent omthe fltow type{tarmimar-orturbutent) =

stant wall
oundary layer,
References 16

1} (Eq.67)

tential. The

(Eq.68)

tabulated in Table 1.

and are
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7.

(Continued):

The quantity

For a flat pla
Equation 67

in conjunctio
are evaluate

TABLE 1 - Values of Constants

Flow Type m A B C n
Laminar 0 0.895 0.690 0.332 1/2
1/4 0.837 0.635 0.412 1/2
12 0.840 0.572 0.496 1/2
1 0.792 0.538 0.560 1/2
Turbulent 0 0.991 0.117 0.0296 0.8

e, m=0.

| at this temperature.

SAMPLE CALCULATION:

This section
for aerodyna
example are

15 DEG
L

V1 = cx™

X=lIl9FT XPOlNT

CALCULATION

X

f'

Ry=T1IN

g0=33 IN

m is dependent on the pressure gradient through the relation

vas derived under the assumption that the length x is subdivided into 1
intervals; that is, Ax = Const. For flows with variable propérties, the procedure give
n with the reference temperature method,@nd all properties appearing

bresents a sample calculation_that illustrates a portion of the recomme
mic heating calculation. The’'vehicle configuration and location selecte
shown on the following sketch.

(Eq.69)

at equal
N above is used
in the equations

nded procedures
d for this

FIGURE 35 - Sketch of Vehicle Configuration
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8.

8.1

(Continued):

The nose configuration consists of a 15 deg blunted cone intersecting a 33 in dia cylinder. At a
particular trajectory time point (t = 80 s), the freestream altitude and velocity are 100,000 ft and

6000 ft/s, respectively. The wall temperature at this time is 652 °R. It is desired to calculate the
wall heating rate.

Using the 1962 ARDC atmosphere and the trajectory given data above,

T =400 oD

Therefore

Prior to calcd

TUU LAY

a.. =991 ft/s

M.. = V/a.. = 6000/991 = 6.05

lation of the local aerodynamic heating rates, a detérmination of the in

parameters (M4, P4, T¢) at the boundary layer edge is required.._An approximate flo

calculation

ethod is utilized, which assumes that the boundary layer edge streaml|

through a shpck wave generated by a 15 deg semi-apex.angle sharp cone and exp

pressure cogfficient along the cylindrical section. Zerozangles of attack, pitch, and \

assumed in the analysis.

Inviscid Fla

The assum

w Field Calculation:

ed configuration and shock shape used in the analysis is sketched bel

[o0]
/Mc —
Mo 3
——
CONICAL T =T =T
SHOCK WAVE ®,t" ¢t Tt

(Eq.70)

(Eq.71)

viscid flow

w field

ne passes
ands to zero
aw are

FIGURE 36 - Sketch of Assumed Configuration

The ratios of the local Mach number and static temperature to the corresponding freestream
values are plotted in Figure 21. However, to illustrate the computational method, these curves will
not be employed. The sharp cone-to-freestream property values are obtained from Figures 14

and 16 as

-70 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

8.1

and from Fi

(Continued):

E—C =4.80, M, =4.36

oo

gure 2,

Pe =0.00412
p

The entire

Then My is

Since T..; 3

flow field downstream of the nose shock is assumed isentropic. ~-There
P.. =P, Pct = Py

Pr_ (P_] [P_j

P1,t IDc,t Pc

000412
4.80
= 0.858 x10°3

obtained from Figure 2 as
—=0120

oot

—=0133
1t

Tag,

T T

fore,

tt =

_ (0.1 33) 408
0.120

=452 °R

(Eq.72)

(Eq.73)

(Eq.74)

(Eq.75)

(Eq.76)
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8.2 Heating Rate Calculation:
Flat plate heating relations are employed, since the cylinder radius is large compared with the

boundary layer thickness. In order to calculate the adiabatic wall temperature, turbulent flow is
assumed. This assumption is checked later in the calculations. From Equation 38,

T =452 {1 + 0.711’3($j (5.71)2}

(EQ.77)
=3070°R
This tempgrature may also be obtained from Figure 26.
According fo the Nusselt number definition,
* (k*
=Ny [&] (Eq.78)
X

The superdcript asterisk denotes property evaluation at the reference temperature, given by
Equation 4p; since T,, = 652 °R,

T*=0.22(3070) + 0.28(452) +0.50(652)

= 1127 °R (Ea.79)
From Equation 53,
h=0.0126 [k?] (N, )% (N, )2 (Eq.80)
The Reynojds number evaluated at the reference temperature is
Np, = % (Eq.81)

Using the perfect gas equationof state (P = pgRT) and-the-speed-of soundretation (a = 1/g’YRT ),
this Reynolds number may be expressed as

* B % L 1/2 i _I_1 MOC
o ] B
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8.2 (Continued):
Assuming a viscosity-temperature relation of the form
w~ T%7 (Eq.83)

and the condition P, = P.. yields

1/2 17
N=- _NRQOO( M, ]r A ] {T(";} (Eq.84)
M (T 1T
The heat transfer coefficient is then
_ 0.0126 *ny 13 NRe,w M1 L 12 T;” 0.86
h - X0.139 [k NPr ][ X (Mm J[Tm) [ T* J :| (Eq-85)
where:
X = Wetted distance from the stagnation point to specified location
Nre-/X = Freestream Reynolds number per feot, a function of vehicle altitud¢ and velocity
k* = Temperature dependent thermal:gonductivity of air (from Figure 24))
Np, = Constant Prandtl number = 0.79; recommended for heating rate calculation
The freestream Reynolds number is, bydefinition,
Nge... = Vp.gx (Eq.86)
K.
From the cpnfiguration sketch in 8.1, the wetted distance x is given as
x=11.9ft (Eq.87)
From the 1p62;Atmosphere Table at 100,000 ft,

M _930x10°ft2/s (Eq.88)
P..9
Then
_ (6000)(11.9)
Ao ™ 9.30x10°° (Eq.89)
=7.0x10°
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8.2 (Continued):

The local Reynolds number, evaluated at T*, is thus

*
Since Ng,

for which k{T*) is obtained from Figure 24.

From Equation 29, the wall heating rate is
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PART B - ENTRY HEAT TRANSFER

1.

1.1

INTRODUCTION:

Increasing emphasis on high-speed flight, particularly that associated with spacecraft hypersonic
entry into earth and other planet atmospheres, requires that the spacecraft designer be familiar with
the technical problems of heat protection subsystem design. As a result of increased launch
vehicle propulsion capability and increased entry mission sophistication, a significant broadening of
the complexity of the entry problem has developed, from comparatively simple zero lift ballistic entry
technology in earth’s entry to the more complex lifting systems technology for operation in earth or

planetary atmospheres. Heat protection subsystem problems also exist at lower sp
of high strucfural metal temperatures for the Mach 3 supersonic transport and the Iq

problem ass

For preliming

system thernpal environment and heat protection subsystem. However,accurate dg

type of heat

weight and r
as well as d

considering
protuberance
methods are
response as

The purpose
entry heat trg

Scope:

In hyperso

ciated with lifting vehicle flight from approximately 50 miles altitude‘to

ry design purposes, approximate methods are adequate to'assess the

protection subsystem (heat sink, ablative, radiative), its:material compg
liability require an accurate definition of the entry thermal environment
finition of the material-thermal environment interaction. Further, the ne
localized” effects induced by the presence of field joints, steps and gay
s, and so forth on the overall design indicates the need for a design m
available for determining the aerothermodynamic environment and he
well as the extent of these local effects:

of this section is to describe methods and techniques for the analysis
nsfer and heat protection subsystem performance.

nic flight, the effect of\forced convection heat transfer (frequently defing

aerodynarm
excess of

sufficiently important as:to-be categorized as a somewhat specialized subsystem
system degign. It isfrequently referred to as the heat protection subsystem. The

ic heating) is a significant consideration for the structural designer. At
ach 2.5, depending somewhat upon altitude, the problem has been re

eeds in the form
ng “soak”
touchdown.

overall entry
finition of the
sition, and its
or heat transfer
pcessity of

S,

anual in which
bt protection

bf spacecraft

d as
velocities in
cognized as
of high-speed
type of heat

protection $ubsystem; its material composition, design, fabrication, and weight ar¢ strongly

dependent|upondhe rate of heat application and, for certain systems (such as abl
transfer sygtems), upon the total heat load and the time of its application.

ative or mass

Aerodynamic heating is the heating of an object as a result of the flow of a gas at high speed
about that object. Itis a forced convection phenomenon involving the transfer of heat from a fluid
to a solid when the relative motion between fluid and solid is due to other than gravitational forces
resulting from density variation within the fluid. Friction between the fluid filaments while they
stream along the object surface, and compression at and near the stagnation regions of forward
surfaces, convert the kinetic energy of motion into heat within the thin layer of air (the boundary
layer) which envelopes the body. Such a region is shown in Figure 37. The temperature of this
layer increases approximately as the square of the velocity (up to air dissociation and ionization)
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1.1

TRANSITIONAL BOUNDARY
LAYER FLOW

TURBULENT
LAMINAR _BOUNDARY LAYER

BOUNDARY LAYER

Voo

NN

FLAT

RILATE

L = g g gy =

FIGURE 37 - Boundary Layer on a Flat Plate

(Continued)):

so that, at Mach 3, the boundary layer temperature attains a value of about 600 °f
boundary layer the fluid flows at velocities between the limits of'that at the outer ¢
boundary layer where the velocity equals the local flow at that point and that at th
(for continyum flow) where the velocity is zero. The change of velocity from local

F. Within the
dge of the

e body surface
to zero takes

place in anforderly manner (defined as the velocity distribution). This velocity disfribution is a

manifestatipn of the shear forces between the fluidlayers within the boundary lay
reduction df kinetic energy and the energy generated by the viscous forces resulty
in temperafure of the boundary layer. Figure 38 shows typical temperature and v
in the boundary layer for conditions of high-and low Mach numbers at the edge of
layer. (Theg reason for no numbers on the'temperature line of the abscissa is that
intended this figure to be conceptual@nly, to display the temperature profile in a t
bounday layer in a qualitative fashion only.)

At velocities somewhat in excess of earth orbital velocity (approximately 26,000 f
radiation frpm the high-temperature gas enclosed within the spacecraft-induced s
become a significant partion of the total heat transfer, particularly for large blunteq

This subseftion desecribes the methods, techniques, and procedures for the predi
aerodynarrlic and thermal radiation heating for typical entry systems and the pred
protection $ubsystem response.

er. The

5 in an increase
blocity variations
the boundary
Schlicting
irbulent

I/s), the thermal
hock system can
vehicles.

ction of the
ction of heat
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1.1

1.2

1.3

1.3.1

BOUNDARY LAYER TEMP.
PROFILES TURBULENT FLOW
u/ug = (y/8)17

(Continued)):

The predic

relations, approximate and in curve form for rapid estimation purposes; and detail

accurate m
mission, ar
determine
Nomenclat
Refer to thg

Generalize

Generalize
between th

Ueg—
10 Ms<3 Me>10|
0.8 — VELOCITY PROFILE
w 0.6 TURBULENT FLOW
= 04 |— u/ue=(y/8)”7
02 | 7/
0 —
TEMPERATURE
L ]
0 1.0

VELOCITY RATIO, u/ug

FIGURE 38 - Typical Temperature and VelocityVariations
in Boundary Layer Flow (Reference 41)

ive methods and procedures are presented in two general forms: gen
ethods suitable for more precise design. In all cases the designer sho
ticipated system configurationi-flight regimes, and trajectory character
hose aspects of the entry.which are most significant to the design prot
re:

e nomenclature list-on page 15.

1 Entry Relations:

e entry system, its orientation at entry, its W/CpA ratio (commonly defi

parameter

d equations and curves are presented which establish the fundamenta+

and its heating and loading environment.

bralized
ed, more
uld examine the
stics to
lem.

relationships

ed as ballistic

Ballistic Entry: The predominant loads and heating for a ballistic vehicle exist during entry into
the sensible atmosphere. Evaluation of the loads and heating for various vehicle concepts
requires a relationship between the ambient density and velocity. Although the choice of a
prime independent variable from among velocity, density or altitude, range, and time is
somewhat arbitrary, velocity is preferable because the others intimately involve some
aerodynamic characteristic of the vehicle.
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1.3.2 Trajectories and Loads: For ballistic entry, the gravitational force is small compared with the

aerodyna

mic drag, and can be disregarded (Reference 1)."

The flight path of a ballistic vehicle

then becomes a straight line, where the air density as a function of altitude may be expressed in

terms of t

where:

he entry velocity ratio as

28, W

1
=— sin0,.)In =
pg g CDA(I e) Y

e

P+

Entry is gssumed to begin at an altitude greater than 40 miles. (A more‘eomple
of the lodds and heating relations is contained in Reference 2.) In Equation 93

taken to yary exponentially with altitude, assuming an isothermal atmosphere (s
Using Equation 93 with the exponential density model, the altitude trace of a ba
determingd. Figure 40 gives ballistic vehicle altitude as a function of entry velog

The dyngmic pressure may be expressed in terms of entry velocity ratio, using £

differenti

which oc
related ta
deceleraf]

The max
Figure 41
to accele

1/22,000 ft

tion, the maximum dynamic pressure may be’written as
BV, 2 [ W j
=— sin 6
(qoo )max zg CDA e

curs at approximately 60% ofithe entry velocity (specifically, 0.6065). [
the dynamic pressure through the ballistic coefficient W/CpA; the max|

ion may then be expressed as
2
~ (dV/dtj _BVe® Gino,
g 29

max

mum deceleration and the maximum dynamic and stagnation pressure
as.adunction of entry angle and velocity. Note from Figure 41 that if r
ration is limited to 15 g, the entry angle of a ballistic satellite (25,500 ft

b

(Eq.93)

e development
he density is
ee Figure 39).
listic vehicle is
ity ratio.

Fquation 93. By

(Eq.94)

Deceleration is
mum

(Eq.95)

s are given in
han’s tolerance
S) must be less

than 5 de

g tothehorizomntat:

! This is also true with reasonable accuracy for the nonlifting satellite entry, provided the entry angle is greater than 2 to 3 deg.
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FIGURE 39 - Atmospheric Models
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FIGURE 40 - Altitude Ratio as a Function of Velocity Ratio
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FIGURE 41 - Maximum Pressures and Accelerations for Ballistic Entry
1.3.2 (Continugd):
The varigtion of pressure and deceleration throughout a ballistic entry is plotted|in Figure 42 as
a function of the entry velocity ratio. This curve should be read from right to left| corresponding

to the degreasing velocity of entry.~The variation of laminar and turbulent heat transfer is
superimposed on Figure 42 for comparison of time of occurrence relative to pregsure and

decelerafion.
7?

1.0 T T T T T
8 /
8 PRESSURE AND
DECELERATION /

® 4

- / TURBULENT LAMINAR
/ /

\
// / //// \
A A L

0 J 2 3 4 5 6 7 8 9 ]
ENTRY VELOCITY RATIO, V,

/
/

N

INSTANTANEOUS |/ MAXIMUM RATIO

FIGURE 42 - Heat Flux, Pressure, and Deceleration Ratios for Ballistic Entry
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1.3.3 Aerodynamic Heating: Many theoretical and experimental methods are available to calculate
aerodynamic convective heating. Several will be presented. These methods are given below
for the calculation of stagnation heat flux. Their differences are primarily in the choice of the
form of variable, such as density and velocity, and corrections for wall temperature.

where:

VS:

See Refe
in the foll

From the

where:

Ve *

Results fi
paramete
vy=1.2. /

4 =3.16x10°° |09 oo

n

17 600—ee—1\L \3'15[Ih ho|

(Eq.96)

O = TOYT—TPY/S0 | Yoo T Tw
' \/E \/ (pg) l Vs J [ht _hwc

Satellite velocity, 26,000 ft/s

q, =8.147 x107"° {,(7,M) (o2

n

rence 2. The expression f,(y,M) is a correction for real gas dissociati
pwing paragraphs.

preceding relations, the maximum, stagnation heating for ballistic entry

0.5

V.

e

05
Ao 24866 x 1072

——sin 0,
f,(v.M)

Entry velocity at 300,000 ft altitude
om Eguation 99 are given in Figure 43 as a function of the ballistic traj

\ linear interpolation of these values is usually adequate for 5 < M.. <1

r (W/CpA) sin 6, for various entry velocities. For M.. <5, y=1.4; for ML

(Eq.97)

(Eq.98)

bn as discussed

becomes

(Eq.99)

ectory
> 10, use
0. Maximum

laminar h

eating rates occur at 65% of the entry velocity.
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1.3.3

(Continue

Maximunp turbulent heating is given_in‘Figure 44 as a function of ballistic trajectq

(W/CpA)
is expres

See Parg
quantity
pressure

AIGURE 43 - Maximum Laminar Heat Flux, Ballistic, f(M,y)=

104-_—II|IIII| L Illlllll L II]IIH_—
5000 - ENTRY VELOCITY,
- FT/SECx 107
=
=
z;_:— T0°
:
s 500
12
102 llIIIIIl ] Illjllll Illllll

10 50 102 500 103

(W/Cp A) sin Oe;:LB/FT?

2 5

Nerg

bd):

5in 0, for various entry velocities (Reference 2). The maximum turbule
s5ed in its simplest form as

0:2 )

(9% e = 4.26 X 10™® (gp_)°° V°°

graph 6./Maximum turbulent heating rate occurs at 77% of the entry v,
T (M, 5P-7P;) is a correction for real gas dissociation effects and for lo

ratio-and is defined in Figure 44. Maximum turbulent heat transfer oc

pressure

[(F+3)F-N"

bry parameter
nt heat transfer

(Eq.100)

elocity. The
cal surface

curs at a

ratio of approximately 0.50.
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FIGURE 44 - Maximum Turbulent Heat Flux, Ballistic

i NG 08 (7-1)/7704
fT(Mﬁ,p/pt):[(YH)/ZY] [P/PI°® [1- (P/P)T"T]

[+ .272(P/R)(7—1>/7]o.4s

1.3.3 (Continued):

bn of entry
earlier than
missions, since
ing at peak

the velocity.

al entry time,
BVet sin B.. By combining the heating, loads, and time through their relation with velocity, the
instantaneous to maximum values are given in Figure 46 versus the nondimensional entry time.
Aerodynamic heating reaches a maximum while the pressures are approximately half their
maximum; after peak heating this condition is reversed. This can present a serious
aerothermodynamic design problem for active heat protection systems, particularly if the
application is a control surface where loads are high and may be changing rapidly.
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1.34

FIGURE 4

1>1.0F

S AN

~ -8

= N\

T 6

g
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FIGURE 45 - Entry Velocity Ratio Versus Time, Ballistic.
Initial Condition T = 0 at V, = 0.999
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T
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N
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RATIO

16 - Heat Flux,.Pressure, and Deceleration Ratios for Ballistic Entry Ve

rsus Time

Glide Velnicle Entry: The loads and heating of a glide vehicle are significantly different from

those of

3 balllstlc vehlcle prlmarlly asa result of the dlfference in trajectorles
vehicle athte ' '

The ballistic

sphere; the glide

vehicle relies on aerodynamlc lift and may experlence loads and heatlng throughout its entire

flight regi

me for nonorbital missions.

The trajectory and aerodynamic heating for glide vehicle entry account for direction of travel at
entry, neglected in Paragraph 1.3.1. The trajectory derivations shown are applicable to ballistic
entry when the lift (L) = 0.
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1.3.4.1 Trajectories: The flight path for vehicles entering the earth’s atmosphere is described by the
following equations (see Figure 47):

Lcosp+F.-Wcosb,=0 (Eq.101)
D—Wsinee+mcclj—V:O (Eq.102)
T

7 g
H EARTH'S
w SURFACE

FIGURE 47 - Flight Path<Forces

Equatigns 101 and 102 are the sum of the forces perpendicular and parallel tg the flight path.

Vehicles of moderate to large lift coefficients fly at small flight path angles, 6..| Then for small
0e, cOS P = 1, and sin 6, = 0,

Lcosop+F.-W=0 (Eq.103)
D+mﬂ=0 (Eq.104)
dt
where:
L|= C|qS
D =CpqS
F, - MV
e rc
w
m = —
g
re =rp+H
¢ = bank angle
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1.3.4.1 (Continued):

Substituting into Equations 103 and 104 gives

W V?
CgScosp+————-W=0
A ¢ gr,+H
W dVv
ChgS+——=0
D g drt

These ¢quations describe the flight paths of lifting vehicles entering the Earth’

from ne

1.3.4.2 Entry Oirection: Since 6, for lifting entry vehicles is small (can be heglected),

NORTH

N

or

ar-Earth orbits.

EAST 6. = Flight path angle

wr, COS 6

FIGURE48 - Entry Direction Vectors

V2 & (V; sin ) — wr, cos 0, )% + (V, cos 1)

> 1/2

V=V, [sinwwvrccosee +cos®

Y = |nertial heading measured
clockwise from North

(Eq.105)

(Eq.106)

s atmosphere

(Eq.107)

(Eq.108)

From spherical trigonometry, the inertial headings are expressed in terms of the latitude and
orbit inclination. For eastward flight direction

CoS i
cos 6,

siny =

(Eq.109)
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1.34.2

1.3.4.3

(Continued):

and for westward flight

siny =— Eq.110
v cos 6, (Eq.110)

For polar flight, v = 0 or 180 deg, and
siny =0, cos? y =1 (Eq.111)

The following are the relationships between relative and inertial velocityfof the three flight
directions:

Eastwalrd flight:

1/2

2
V=V w_rc] coszee—Z[w—rC]cosi+1 (Eq.112)
v v
Westward flight:
2 1/2
V=V wvrc] 06s? 0, + 2| cosi+1 (Eq.113)
i i
Polar flight:
2 1/2
V=V [% cos? 0, +1 (Eq.114)
Equilibfium Glide Flight: Lifting vehicles entering from near-Earth orbits can r.
equilibn

um'glide flight. This type of flight is defined by the gravity force being palanced by the
aerodyhataieH i :

Lcosdp+F.,=W (Eq.115)
Solution of Equation 105 gives the required dynamic pressure for equilibrium glide flight:

W

=— Eq.116
SC, cos ¢ (Eq )

q

2
i 1]
ar.
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1.3.4.3 (Continued):

Equation 116 shows that W/SC, cos ¢ is the only vehicle characteristic required to define the
altitude-velocity relationship of an equilibrium glide path. Equilibrium glide velocity and
altitude expected design values of W/SC, cos ¢ and various entry directions are given in
Figures 49 and 50.

300 I
!
1}
b
I~ |
|
|
|
@
) 200 1
x |
; i
8 L
2 B i
5 1
< ]
77 '
100 < 0
SATELLITE —=
VELOCITY }
1
]
|
|
|
0 | | | { | 1
(o} 5 10 15 20 25

VELQCITY, FT/SEC X 1073

FIGURE 49 .- Polar Entry; Equilibrium Glide Paths

EASTWARD :
POLAR

— WESTWARD .
—

SATELLITE VELOCITY
- EASTWARD ENTRY — .
POLAR ENTRY
/ WESTWARD ENTRY
100 7

I | { 1 1 1
(o] 5 10 15 20 25

VELOCITY, FT/SEC X 10-3

300
' ' ' ENTRY ' DIRECTION ' /} /
|

AN

200

ALTITUDE, FT'X10/3

FIGURE 50 - Comparison of Entry Directions, W/SC, cos ¢ = 100
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1.3.4.3 (Continued):

Since an equilibrium glide flight path is defined by flying a constant W/SC, cos ¢, the lift
coefficient during entry is also constant. This results from the assumption that the wing
loading, W/S, remains constant during entry and that the hypersonic lift coefficient is constant.
The typical drag polar for lifting vehicles indicates that when maintaining constant C,, the drag
coefficient is also constant (see Figure 51). Consequently, the L/D during equilibrium glide
flight is also constant.

Time fo
Equatic

Integra

)
FIGURE 51 - Typical Drag Polar for-Lifting Vehicles

r flight along equilibrium glide paths can-be determined by substituting
n 108 and solving for dt/dV:

ion gives

ML r, +H 1=V ) [(1+V,
T_(Dj oS0 S o+ 'n{[nvfj [1_7H

(Lo e[ 18123

C
N
(e
—

Equation 105 in

(Eq.117)

(Eq.118)

(Eq.119)
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1.3.4.3 (Continued):

where:
- V
V= — Eq.120
=Y, (Eq.120)
— V,
V, =+ Eq.121
£ v, (Eq )
Vs =9 FH) (Eq.122)
2
|’0
d= Eq.123
g go[roH_J (Eq.123)

Equatigns 118 and 119 show that the time involved in flying along equilibrium|glide paths is
only a function of (L/D) cos ¢ and the inertial velocity. Solutions of these equgtions for
eastward, polar, and westward entries are given in Figure~52. The ticks on the¢ curves show
the variations in velocity that vehicles having the W/SCynoted will have when flying equilibrium
glide paths at an altitude of 300,000 ft.

1
¥
W/SC,COS ¢ 500 3
AT h = 300,000 300 P
\
2500 t
L
)_ -7
oo-1Tfi |
Pl
& 2000 ST 7
|
@ [ /, 1
< =|/ i
3 1500 +
o /{ |
=~ 1/
o |
S |
2 /r !
S 1000 7/ = :
H |
|
1
I
i

500 SATELLITE VELOCITY
/ EASTWARD —————
FULAR
o | 1 WESTWARD ;

[¢] 5 10 15 20 25
RELATIVE VELOCITY, FT/SEC X 10-3

FIGURE 52 - Flight Time Along Equilibrium Flight Paths (Equation 119)

The equations presented show that flight along equilibrium glide paths is uniquely expressed
by defining the entry direction, bank angle, L/D, and W/SC,.
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1.3.4.4 Aerodynamic Heating: Many theoretical and experimental methods are available to calculate
aerodynamic convective heating. Results of these methods can be presented as
q = Cq (h; - hy) as well as in the more complete forms of Equations 96, 97, and 98. For
hypersonic flight the heat transfer coefficient Cy can be essentially considered independent of
wall temperature. Therefore it is convenient to deal with the cold wall heat flux q = Cyh,, as it
is independent of the wall temperature and thus of the particular material being used.

For a particular vehicle configuration, attitude, location on a vehicle, and type of flow, the cold
wall heating rate is a function only of altitude and velocity. For flight along equilibrium glide

paths,
variatio
parame
design
attitude
location
heat sh

Results
recover
with va
values
have si
G/ Grma
laminar
for east

recovel
a maxir

hs in (L/D) cos ¢ directly affect flight time. Thus variations in these,aer
ters produce significantly different thermal environments. This can mg
studies time consuming, since a wide variety of vehicle configurations
S must be frequently considered. In addition, the time history of heatin
s on a given vehicle (in a specific attitude) must be calculated to deter,|
ield weights.

of heating analyses show that the time histories ©f)heat transfer coeffi
y enthalpy h, form families of similarly shaped.curves for flying equilibr
ious values of W/SC, cos ¢. Only absolutealues of Cy and time char
pf W/SC, cos ¢ and (L/D) cos ¢. Thus, curves of the cold wall heat flux
milar shapes but different maximum values. Upon normalizing the cold
L) and plotting this versus t/[(L/D) ¢os ¢], the data essentially produce
flow and another for turbulent flow.” These data are shown in Figures
ward, polar, and westward flights, respectively. From these data the h

y enthalpy may be normalized to their values at the time when the colg
num. These results are;shown in Figures 56 and 57 for polar entry.

s. Also,
pdynamic

ke preliminary
and flight

g to a number of
mine overall

cient Cy and

um glide paths
ge with different
Cuhror q,,
wall heat flux
one curve for
63 through 55
eat transfer and
wall heat flux is
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FIGURE 53 - Eastward Entry, NormalizeddHeat Pulse; T = Time to Ground
(Equilibrium Glide Flight)
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FIGURE 54 - Polar Entry, Normalized Heat Pulse (Equilibrium Glide Flight)
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FIGURE 55 - Westward Entry, Normalized Heat.Pulse (Equilibrium Glide Flight)
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FIGURE 56 - Polar Entry, Normalized Heat Transfer Coefficient; T = Time to Ground.
Turbulent Flow q,,,, Occurs at V = 18,500 ft/s; Laminar Flow q,,,, Occurs at V = 21,000 ft/s
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FIGURE 57 - Polar Entry; Normalized Recovery Enthalpy; t = Time to Ground.

Turbulen

1.3.44 (Contin

Normal

ued):

arancae-aviete in thaca data  Tha inartial valacitv for aastward antry icl
e FeRGe-eXIStSHHtHesSe-Gata—rRe- e RiaVeiocHyto-eastWalra-e Rty

Flowq,,,, Occurs,at V = 18,500 ft/s; Laminar Flowq,,,, Occurs at V = 21,000 ft/s

zed(heating data presented are for eastward, polar, and westward entfy directions.

given by

Little di

Vi =V + 1524, while for westward entry, V; =V - 1524. This +1524 ft/s creates

+50/[(L/D) cos ¢] seconds in total entry time when flying equilibrium glide paths from an
altitude of 300,000 ft to the ground. For preliminary design, this variation in total time is
insignificant. Thus, the normalized curves for polar entry are good approximations for any
entry direction. The principal effect of variations in entry direction is that of changing the
maximum value of the cold wall heat flux. The equilibrium glide paths presented in Figure 50
show that the severity of heating is least for eastward entry and greatest for westward entry.
Results, simplified for polar entry, are given in Figures 58 through 61.
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FIGURE 58

FIGU

350
%0 4
250 (W/S)/C, LB/FT? /////
" — —
= 200 % - \%ojr,?/;/
| L~ 1
u 00
g 1 / e —
= 0
S o
7
50 y/
0
0 2 4 6 8 10

SATELLITE VELOCITY RATIO, V/ Vg

Q= o8|

Z g ) 0.6 [-TURBULENT N
<=F O

EXE 04 [~

<= L[ LAMINAR

2 0 B N T B

0O 02 04 06 08 1.0
ENTRY VELOCITY RATIO, VIV,

RE 59-Heat Flux Ratios for Glide Entry Versus Velocity Ratio, Polar

- Altitude Variation with Satellite Velocity for Equilibrium Glide Vehicle| Polar Entry

Entry

- 96 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

10° S
I
I
TURBULENT: pd
LAMINAR 1
9 (STAGNATION) ]
7] 1 // r
o T Za
= | LAMINAR /[ -
S [(rwo-DIMENSIONAL) 4 [ A P2
,— [4
o 0 /'// Dl
1v3 A A P
= P A
I ~
[ A
< 7
¥ /] A
/ l/
R L aMiNaR
10
10 102 10°

2
(w/s)/c,, LB/FT

FIGURE 60 - Maximum Laminar and TurbulentHeat Fluxes (Glide), Polar Entry
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1.3.5 Aerodynamic Heating - Preliminary Design: For the preliminary design of entry vehicles it is
usually sufficiently accurate to assume that the hypersonic heat transfer distribution over the
vehicle is a function only of vehicle attitude. This distribution may be obtained either analytically
or experimentally. Analytical methods are described in Paragraphs 5 and 6. Once the heat
transfer distribution has been obtained, it is necessary to consider only the variation of the
reference heating rate with altitude and velocity. The normalized heating curves show this
variation when flying ballistic or equilibrium glide paths. The reference heat flux is usually the
heating rate at some location on a simple geometric shape, for example, a stagnation point or
10 ft location ona flat plate. Thus to completely describe the t|me hlstory of cold wall

i 2 > . C > e reference
heating ust be evaluated For gllde vehlcles the parameter W/SC| cos q) dete 'mines the
maximunp value of the reference heating rate, whereas (L/D) cos ¢ determines the total entry

Several approaches may be taken for protection of hypervelocity vehicles from th¢ thermally
induced effects of their environment, each having advantages for particular applicgations. This
section presents heat protection concepts that employ the reradiative capability of a high-
temperaturg surface, the sensible and latent heat capacities of materials, and the|effect of mass
injection info the boundary layer. The influence of heating as well as pressure and enthalpy levels

protection subsystem selection. Zones of environmental applicability for thermal protection
concepts ahd materials are presented in Figure’62. Although discrete zones of applicability exist

for certain concepts, where these zones join or overlap, specific detailed trade-offior parametric
studies are| required to select the most.appropriate concept or material.
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FIGURE 62 - Zones of Environmental Applicability for Thermal Protection Systems
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1.4.1 Thermodynamic Systems: One of the simplest heat protection systems that can be formulated
thermodynamically is a high-temperature surface to reradiate the heat transferred to the vehicle.
This concept can be applied for heat fluxes as high as the low hundreds of Btu/ft>-s, depending
on the structural design. Material strength drops off rapidly above 2000 °F; however, from data
given in Figure 63 for design purposes, the operation of load-carrying structures is limited in
radiative heat flux to approximately 20 Btu/ft*-s.
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FIGURE 63A - Structural Efficiency of Some Representative Materials
as a Function of Temperature(From Reference 5)
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FIGURE 63B - Radiative Heat Transfer as a Function of Temperature
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1.4.1

(Continued):

In addition to the loss in strength, oxidation is a serious problem for materials such as
molybdenum and its alloys. Coatings, while presenting a general solution to oxidation, are
susceptible to local failures, which can propagate through the base metal beneath the surface.
Also, the large-scale use of coated structures present logistic handling problems because of
their low-temperature brittleness. Columbium, which forms a stable oxide, is not subject to
catastrophic failures, and therefore is more useful as a high-temperature structural material.
Columbium is also superior to molybdenum from a fabrication standpoint, although the ultimate

capability
tantalum
impose a
of the rag

The use
L/D glide
approach
than 30 B
also of in

(1) Surfa
as int

portance:

)

ofmolybdenum-is-betterabove2000F—Fherefractory-metals-sueh
find application in less critical structural areas, where their high densiti

weight penalty. Graphite can also be used for similar applications, pa
id progress now being made in graphite applications technology:

bf a high-temperature structure appears to be limited to the:nonlifting s
vehicles. Ballistic satellites and other lifting entry bodiés ‘might use it &
in ablation areas where laminar boundary layer flow (aerodynamic he
tu/ft’-s) can be assured. For glide vehicle design; the following consid

ce temperatures may be reduced 10 to 15% by providing an efficient h
ernal radiation to a highly cooled surfacg, as in Figure 64.
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FIGURE 04 - Effect of Internal Heat Iranster on Wing Skin Temperatures

(2) During the maximum heating portions of the trajectory, the aerodynamic loads will be
normally less than 1 g. Therefore thermally induced stresses and aerothermoelastic
effects may predominate in high-temperature design.

(3) Axial loads during boost will be the highest to which a glide vehicle will be subjected in the

overa

Il trajectory.

(4) Maximum lateral loads will normally occur in the terminal phases of flight and in landing,
after the structure has been subjected to its maximum temperature.
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1.4.1

1.4.2

(Continued):

The leading edge of a glide vehicle is an area where reradiation is desirable, particularly from
the standpoint of shape stability and aerodynamics. For this application, the use of a refractory
metal such as tungsten or graphite is practical. Over the major portion of its surface, the high-
temperature reradiation metallic structure finds severe competition weightwise from charring

ablatives,

even for L/D > 2 glide vehicles.

The determination of the effectiveness with which heat is dissipated per pound of the reradiation

structure

is difficult to. assess on-an anrnfhnrmnr{ynamih hacic, since the heat protection System

weight is
structure
represen
protectio
the high-
efficiency
applicatiqg
somewhg

AbsorptiV

ative designs as a function of material structural efficiency. The'weigh
system may then be considered to be the difference between the stry

. Note, however, that reliability will probably outweigh any other desig
n where the thermostructure may be used; hence the‘effectiveness of
t academic.

e Systems - Heat Sink: A second type of heat-protection system is on

use of the sensible heat capacity of a material to absorb energy, thereby provid

the vehic
insulated
the respg

an integral part of the structural weight. To obtain a measure of the 'reradiating
as a heat protection concept, it is necessary to analyze the structural weight of

t of the heat
ctural weight of

emperature design and one using a representative low-temperature structural

h criteria in an
this concept is

b that makes
ng a shield for

e from its environment. Solutions for théthermal response of a finite-thickness,
slab subjected to a triangular heat pulse idealized for a ballistic entry have shown that
nse of the slab varies gradually fronvthe “thin skin” at zero thickness up to a value of

approximately 1 for the thickness parameter, and then departs rapidly to the infipite thickness
solution (Reference 3). Results from Figure 65 show that for a value of the thickness parameter

of 1, the

slab. Co
relation b

nsidering the stagnation“point of a ballistic entry body as representativ
etween material properties, vehicle parameters, and entry velocity may

0.5
—340x10‘10-{w} V. 27
-3 g

rn

(AT)max K

(10'5

heat flux parameter ¢, {0t / kAT, is 1.508 as compared with 1.57)5 for the infinite

, the following
be obtained:

(Eq.124)
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1.4.2 (Continugd):

Values of (AT)maxk/0 for representative materials up totheir melting points are| presented in
Table 2 gnd results from Equation 124 are presented inFigure 66. From this cgmbination it is
possible {o determine the limitations of a material for a ballistic entry without regard to its
effectiveness and excluding surface reradiation.
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FIGURE 66 - Stagnation Point Heat Sink Requirements for Ballistic Entry
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1.4.2

(Continued):

For the heat sink concept the effectiveness may be defined as the total heat pulse per unit area
divided by the weight of material per unit area. The effectiveness may be expressed as

(Eq.125)

Q,,=VCp(AT)max
where:
v =[Heat sink efficiency as measured by the ratio of mean to surface tempgrature,
plotted in Figure 67 as a function of the heat flux parameter
Table 2 dives the ultimate heat capacities of potential heat sink materials’up to their melting

points. FHrom Table 2 and Figure 66 their maximum effectiveness may be determined. In

general,

hs seen in Table 2, metals can be utilized in more severe @ntry conditic

ns than can the

inorganic compounds, based on the parameter k(AT)na/0>; eXceptions are beryllium, beryllia,

and graphite, which combine high thermal effectiveness with sufficient conducti

their use

significarjce to the performance of low melting point materials, but is significant

on relatively low W/CpA ballistic entry bodies. Surface reradiation is of

ity to permit
little
o the

performance of high-temperature ceramic oxides by as'much as 20%. For extrgmely high-
temperature materials such as tungsten and graphite, the reradiation can amoupt to as much as
40% for tungsten and 100% for graphite, dependent upon the specific temperature attained

during ertry.
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1.4.2

(Continued):

The use of the sensible heat of a material, including the effects of surface reradiation as a heat
protection system, is limited to moderate W/CpA ballistic entry bodies. The effectiveness of the
heat sink concept is in the low hundreds of Btu/lb for most metals, with the notable exception of

beryllium, which is of the order of 1000 Btu/lb. Ceramics have effectivenesses

of the order of

1000 Btu/lb, but their low conductivities limit their use to low W/CpA entry bodies. Graphite is an

effective heat sink material, with an effectiveness of up to 4000 Btu/lb. In addit

ion to the

thermodynamlc conS|derat|ons chemlcal reactions with the environment and structural

performance presented above

The heat|sink thermal protection technique is extended by allowing the materia

phase, thereby removing the heat flux limitation of the sensible heat concept as

the latenf heat effect of the phase change. The limitation of heat flux that must

system employing only its sensible heat capacity may be removed‘by permitting

change
system.
bounda
blocking gction in the boundary layer may be expressed-in units of effectivenes

a function of the total enthalpy of the environment, and hence of the vehicle vel
in Figure[68.
5 7
7
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soretical

[[to change

well as gaining
be imposed on a
the material to

phase, with vaporization generally necessary for a high-effectiveness heat protection
n addition to the latent heat of vaporization, the injection of gaseous s
layer results in a further decrease in heat transfer to the surface (Refg

becies into the
rence 4). This
$ and is primarily
ocity, as shown

FIGURE 68 - Effectiveness Quotient Versus Flight Speed

The means of achieving vaporization when melting occurs and a liquid phase is present is the

most general problem associated with the use of this heat protection concept, s

ince very few

materials exhibit sufficient vapor pressure in the solid phase to sustain a significant rate of

sublimation, as shown in Figure 69. In order to achieve the theoretical effective

ness of a

vaporization system, including gas injection into the boundary layer, it is necessary to restrain

the liquid phase from flowing.
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1.4.2
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FIGURE 69 - Vapor Pressures of Various Matetials

d):

ferial capable of melting as well as vaporizing-when subjected to a hyp
ent, the effectiveness of this concept is.expressed as (Reference 4)

Q;=r{(%j+(hi —hw)""]_Tr(he _hw)}

= Ratio of vaporization to melting (AQ/ Am), taken from Figure 68

= Enthalpy of gaseous mixture, including vaporized species at gas-
interface

= Heat'efvaporization based on material melted

Am = /Taken from Figure 68

The effe

ervelocity

(Eq.126)

liquid

tiveness of this type of system is strongly dependent on the ratio of va

orization to

melting and on the interrelation between the flow of a molten material and its vaporization.

Theoretically, a heat protection system employing vaporization as an energy absorbing
mechanism could achieve an effectiveness, including the mass transfer effect, in the range
5000 to 10,000 Btu/lb; however, the presence of a liquid phase will considerably lower its
performance. In addition, when melting occurs, such a system will vary in effectiveness both by
virtue of the velocity effect on mass transfer and through the influence of pressure on the
vaporization-to-melting ratio. A further disadvantage to a melting system is the tendency for
molten material to flow from high to low heat flux regions, adding heat that otherwise might be

avoided.
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1.4.3 Absorptive Systems - Mass Injection: The injection of gas through a porous surface into the
boundary layer, using either an active or passive reservoir for coolant, represents another
absorptive heat protection concept. An active system, while yielding a positive control over the
coolant flow rate, has the disadvantage of requiring a control system. In addition to the
reliability problems of an active system, the range of flow rates required in the short time of a
ballistic entry introduces certain complex design problems.

Passive reservoir systems, using both the equilibrium vapor pressure and the decomposition of
a polymer as the drrvmg force for the mass flow, afford the better approach on the basis of ease
of handling-a S depc s d-energetically by
the heat flux to the system and not by the pressure asis the case wrth vaporlzatlon In
addition, significant mass flow rates may be achieved from thermoplastic materijpls at relatively
low tempgratures (Figure 70). A system of this type is capable of sustaining’heat fluxes in the
low thougands of Btu/ft’-s with an effectiveness of 3000 to 5000 Btu/lb.“The surface heat flux
and temgerature of a representative system are included in Figure 74, where the intimacy of
contact between the plastic and the porous surface is immediately‘apparent.
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FIGURE 70 - Ablation Rates of Polymers
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FIGURE 71 - Performance of Polyethylene (Transpiration Cooling System)

1.4.3 (Continued):

This type] of system could be utilized on those portions of the vehicle, such as cpntrol surfaces,
where difnensional change may not be tolerable. The porous-wall cooling systgm is basically
the same as the ablation of thermosetting plastics, which form a porous char uppon
decompgsition (Figure 72), Although this heat protection concept allows physicpl change of the
outer surface, it is applicable where variations in shape are a secondary consid¢ration or where
shape change contfel-can be accomplished. This type of heat protection system is capable of
sustaining unlimited aerodynamic heating with effectiveness in the range 3000 to 5000 Btu/lb. It
is the mofst widely used of heat protection system concepts. Its zone of applicability is shown in
Figure 63.
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FIGURE 72 - Thermosetting Plastic Decomposition (Flow Through Porous Char)
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1.4.3

1.5

(Continued):

The final consideration in the formulation of a successful and efficient heat protection system
lies in providing sufficient insulation for the internal environments from the surface heating of the
vehicle. The operating temperature of the surface heat protection scheme will have a significant
influence on the insulation requirements and hence on the overall system effectiveness.
Approaches to providing internal environmental control include high-temperature structures
backed with nonstructural insulation and the use of water cooling at low pressures (also useful
for environment control). Consideration must also be given to the energy balance during the

orbiting phase of vehicles, as well as during entry, in synthesizing systems requ
insulatior] capability. The design engineer must be aware that the insulating qu
protection system are at least as important as the surface heat protection schen
overall hegat protection systems.

It should pe emphasized that the approximate range of applicability of.the heat |
systems fefined above are shown in Figure 62. The approximate material effic
absorptign capability in Btu/Ib is given in Table 2. These values:are highly appr
dependent upon the details of the entry vehicle configuration; trajectory, and en
requirements. Further, an entry vehicle heat protection system may be made u
types of materials or material systems in order to providean optimum design.

Entry Heat|Transfer and Heat Protection Analysis Procedure:

Entry heat fransfer analysis proceeds by an investigation of the response of the s
system from the initiation of entry at an Earth, atmospheric altitude of approximate]
impact or tpuchdown. The process is initiated by definition of the spacecraft geon
trajectory ig defined, either by approximaté.methods which may neglect gravitatio
multidegre¢ of freedom motion analysisy:which accounts for vehicle mass asymm
loss, roll, ahd other factors.

In detail anjalyses, the motion ofithe vehicle in roll, pitch, and yaw may be the then
limiting cage. For other thanrapproximate thermal analyses, a detailed pressure g
required. The magnitude of the thermal environment is then investigated along th
encompassing the gas dynamics regimes of low density flow, continuing flow, ang
systems) spme degreeof flow which is not in thermal equilibrium. At velocities sg
excess of Earth orbital velocity, the radiation from the high-temperature gas enclo

spacecraftlinduced shock system becomes a significant portion of the total therm

iring significant
blities of a heat
ne in formulating

brotection
ency in heat
bximate and
ergency

b of several

bacecraft

y 400,000 ft to
hetry. Its

nal forces or by
btries, mass

mal design
istribution is
e trajectory,
(for all
mewhat in
sed within the
bl load. From
ht

These steps are indicated in flow diagram form in Figure 73. Figure 74 gives the

primary regimes

of the entry system which are to be investigated and correlated with the flow diagrams of Figure

73. With the flow diagram as a “check list,” the approximate magnitude of the the
environment may be obtained by cross reference to a detailed altitude-velocity he
(Figure 75).

rmal
at transfer map

The thermal environment history and variation with flow over the spacecraft surface (laminar-

turbulent flow) are given in Paragraph 6.
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(1)

(2)

(3)

(4)

(5)

ENTRY CONDITIONS
Ve, 8. ENTRY YEHICLE
ANGLE OF ATTACK AT ENTRY

| VERICLE CONFIGURATION— |
ALLISTIC, GLIDE — PROTUBERANCES,

CONTROL SURFACES

VEHICLE ENTRY TRAJECTORY —
ANGLE CF ATTACK
ROLL RATE, FREQUENCY

FLOW FIELD
DETERMINATION

AERODYNAMIC
RADIATIVE-HEATING

THERMAL PROTECTION

SYSTEM RESPONSE

FOR BALLISTIC, ASSUME a = 0 AT

ENTRY.

CORRECT FOR « EFFECTS AFTER ESTIMATING
THERMAL ENVIRONMENT. FOR ESTIMATION
PURPOSES, ASSUME CONTINUUM FLOW —

CORRECT TO LOW DENSITY CONDITI

ONS

FOR BALLISTIC AND GLIDE, EXAMINE CON-

——FOUR—OFVEHCLEFORFLOWINTEREERENCE

EFFECTS. GENERALLY, ESTIMATE THERMAL EN-

VIRONMENT FOR SMOOTH BODY,:

FOR INTERFERENCE EFFECTS

ORRECT

FOR BALLISTIC ENTRY, ANGLE OF ATTACK IN
REGIONS OF HIGH HEAT\-TRANSFER ARE NOR-

MALLY LOW 0 = a == 5°. INTEGRATED
SHOULD BE ASSESSED BY EXAMINING

OF ATTACK{AS FUNCTION OF T
REPRESENTATIVE VEHICLE LOCATION
APPROACH FOR GLIDE VEHICLES
NORMALLY FLY AT (L/D)vax = a =

FOR BALLISTIC VEHICLES DETERMINE
TICITY EFFECTS ARE IMPORTANT, i.e.,

EFFORT
ANGLE
ME OF
b. SAME
WHICH
(Ci)aax

F YOR-
X/rn >

10. EXPERIMENTAL PRESSURE DISTRIBUTION

NORMALLY REQUIRED FOR GLIDE ¥
CONFIGURATIONS

ESTIMATE HEAT TRANSFER (CONVECT
BASIS OF EQUILIBRIUM, CONTINUUM
UTILIZE TURBULENT FLOW RELATIO
CONSERVATIVE THERMAL SHIELD
(PARTICULARLY FOR GLIDE VEHICLES)
INE BASE HEAT TRANSFER AND EFFH
ANGLE OF ATTACK, LOW DENSITY F

EHICLE

VE) ON
FLOW.
NS FOR
DESIGN
EXAM-
CTS OF
ow

FIGURE 73 - Entry Heat Transfer Flow Chart
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FIGURE 74 - Schematic of Typical Entry System Flow Field
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FIGURE 75 - Entry Heat Transfer Flow Regimes
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2.

2.1

2.2

3.

ENTRY VEHICLE CHARACTERISTICS:

Ballistic entry vehicles encompass systems utilized for intermediate and intercontinental ballistic
missile purposes as well as those utilized for entry satellites. Although widely varying in
configuration and size, they are axisymmetric bodies. For more advanced entry spacecraft, such as
manned entry vehicles, some lift and range control is obtained by use of an offset center of gravity,
which permits the vehicle to fly at an angle of attack. Lift-to-drag ratios on the order of 0.25 to 0.6

may be obtained by such techniques.

|nject|on

Ballistic En

presented
between p

n Figure 76. For all vehicles, particular attention must-be given to the
nels, antenna windows, yield joints, and major heat'shield subassemb

RepresentItive ballistic configurations and a summary of their design’ characteristics are

Lifting Entry Vehicles:

Representative lifting entry configurations and a summary of their design characts
presented |n Figure 77. Analysis of the aerothermodynamic environment of lifting
because of| their asymmetric geometry, requires considerable judgment and piecq
techniques|and methods used for axisymmetric or simple geometry analysis. Inn
experimental pressure and heat transfer data must be obtained.

PROPERTIES OF THE ENTRY ATMOSPHERE:

The size of g planet and the structure and composition of its atmosphere govern thg
behavior and flight environmentof a planetary entry vehicle. Whereas engineering
size and phypical constants.of the major planets are available, the uncertainties in t
levels and cgmposition©fthe atmospheres are significant, even for Earth at higher
Consequentlly, any analysis of planetary entry must consider a range of atmospheri
For prelimingry design purposes, reference atmospheres are needed to initiate the
transfer analysis.“Representative atmospheres are given in Section 2A, AIR1168/9

half-cone cross
in cases by fluid

bllowable gaps
lies.

bristics are
vehicles,
working of
hany cases,

e dynamic
estimates of the
he temperature
pltitudes.

C parameters.
entry heat

The designer should be alert to the need for a wide variation in vehicle design for entry into the

atmospheres of the neighboring planets. Representative planet characteristics are
section. (Also see Table 3.)

given in this
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CONFIGURATION DESIGN CHARACTERISTICS

BLUNT, EARLY 100 = W/CoA = 150; AFTERBODY IN SEP.
GENERATION ARATED FLOW. FOR FOREBODY SEMIVERTEX
ENTRY VEHICLE ANGLES > 45°, FLOW OVER FOREBODY IS
AFTERBODY SUBSONIC; SONIC LINE AT SHORT CYLINDER

SECTION CORNER. CONFIGURATIONS COM.
PARATIVELY INSENSITYE TO ANGLE OF AT-
TACK EFFECTS (HEATING)

500 = W/CpA ==1500, NEWTONIAN IMPACT

ADVANCED
ENTRY THEORY NORMALLY ADEQUATE FOR SECTION
YEHICLES (1) PRESSURE DISTRIBUTION. FLOW FIELD

CHARACTERISHCS-SOLUTONS-EORPRESSURES————

ON (2} PRESSURE ON (3) OBTAINED FROM REF.
14, WEDGE AND CONE COMPRESSION AT
LEADING AND TRAILING EDGE OF (3). BOUND-
ARY LAYER EDGE PROPERTIES AT TRAILING
EDGE OF (2) REQUIRED FOR EXPANSION. 'AS,
SUMPTION OF ISENTROPIC FLOW FOR BOUND-
ARY LAYER PROPERTY DETERMINATION\ ADE-
QUATE. SECTION (3) FLARE ANGLE, SHOULD
BE =~ 24° OR LESS TO AVQID BOUNDARY
LAYER SEPARATION

1000 = W/CpA = 10,000; CONICAL FLOW
PRESSURE AND HEAT, TRANSFER RELATIONS
ADEQUATE FOR X/rw >’ 40. ASSUMPTION OF
ISENTROPIC FLOW "ADEQUATE ONLY FOR
0 == X/ra = 10-15. ENTROPY GRADIENT EF-
FECTS ANALYSIS REQUIRED IN INTERMEDIATE
REGION. (STRONG ANGLE OF ATTACK HEAT
TRANSFER EFFECTS

x

——— ]

ENTRY SATELLITE 60100 = W/CpA = 500~700. LOWER VALUES

OR BALLISTIC FOR ENTRY SATELLITE. BLUNT BODY, ISEN-

ENTRY VEHICLE TROPIC EXPANSION ADEQUATE. ANGLE OF

ATTACK EFFECTS SHOULD ALSO BE CON-

¢___._.:
FOREBODY
—

SIDERED. FOR LARGE NOSE RADIl, SHOCK
LAYER THERMAL RADIATION SHOULD BE

CONSIDERED
TYPICAL MANNED 50 = W/CpA = 100; AT SUPERORBITAL
VEHICLE VELOCITIES RADIATIVE HEAT TRANSFER MUST

BE EVALUATED. FOREBODY IN SUBSONIC

FLOW, AFTERBODY NORMALLY DESIGNED FOR

SEPARATION EXCEPT WHEN FLOWN AT ANGLE
AFTERBODY OF ATTACK

CONFIGURATION

FIGURE 76 - Representative Ballistic Entry Configurations
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CONFIGURATION DESIGN CHARACTERISTICS

AXISYMMETRIC PRIMARY PORTION OF BODY FLOW FIELD
CONTROLLED AND HEAT TRANSFER CAN BE OBTAINED
BALLISTIC ﬁ FROM ZERO ANGLE OF ATTACK RELA-
ENTRY TIONS PLUS ANGLE OF ATTACK CORREC-
VEHICLE TION FACTORS. FLAPS USUALLY OPERAT-

ASYMMETRIC
ELLIPTICAL
CROSS

ED SO THAT DEFLECTIONS DO NOT SEPA-
RATE BOUNDARY LAYER.

FOR SLIGHTLY ELLIPTICAL SECTIONS, AN
ENGINEERING APPROXIMATION OF AN

EQUIVALENT CONE IS MADE. NOSE TIP
HEAT TRANSFER DETERMINED

SECTiION (> BY

LIFTING AXISYMMETRIC RELATIONS.

VEHICLE

BLUNTED HALF LOWER SECTION HEAT TRANSFER FROM

CONE-LIFTING CONE RELATIONS; UPPER SURFACE

VEHICLE FROM FLAT PLATE RELATIONS. FIN AND
FIN INTERACTION TREATED BY EMPIRI-
CAL TECHNIQUES, BASED PRIMARILY ON
EXPERIMENTAL DATA.

LENTICULAR UPPER/LOWER SURFACE HEAT TRANS-

LIFTING FER OBTAINED PRIMARILY FROM FLAT

VEHICLE PLATE RELATIONS. FIN AND FINJNTERAC-
TION TREATED BY EMPJRICAL TECH-
NIQUES. NOSE LEADING EDGE NORMALLY
TREATED AS HEMISPHERICALLY BLUNT-
ED WEDGE.

GENERAL THREE- GENERAL THREE:DIMENSIONAL CONFIG-

DIMENSIONAL URATION REQUIRES A COMPOSITE OF

LIFTING PREDICTION TECHNIQUES. NOSE TIP CAN

VEHICLE NORMALLY.BE TREATED AS HEMISPHERI-

CAL, SHAPE. ENGINEERING JUDGMENT
FREQUENTLY REQUIRED AS TO USE OF
FLAT'PLATE, AXISYMMETRIC RELATIONS,
OR CORRELATION EQUATIONS.

FIGURE 77 - Representative Lifting Entry Configurations

TABLE 3 - Reference Atmospheric Constants

Parameter Earth Mars Venus
Sea Level Femperature, K 288 240 600
Stratosphere Temperature, K 240 190 250
Troposphere Temperature
fadient, K/ft -1.66x10°  -1.17x10° -2.62x 10]°
Thermosphere Temperature
Gradient, K/ft 0.37x102?  0.155x 102 0.74x 10?
Height of Stratosphere, ft 3x10° 3x10° 2x10°
Composition 0.79N, 0.98N, 0.85N,
0.210, 0.02C0O, 0.15C0O,
Sea Level Density, Ib/ft® 0.0762 0.00644 0.306
Acceleration of Gravity,
ft/s? 32.17 12.5 27.6
Radius of Planet, ft 2098 x 10° 11.1x10°  20.0x 10°
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3.1 Earth:

A scale height of 23,500 ft has been successfully used for approximate analyses of lifting and
ballistic Earth entries. This scale height corresponds to a stratosphere temperature of 240 K.
The resultant temperature profile for Earth is shown in Section 2A, AIR1168/9. Standard sea
level conditions are assumed, and the density variation with altitude is found by hydrostatic
equilibrium considerations.

For atmosphere entry predictions (400,000 ft and below), the ARDC 1962 atmosphere is

recommended-for anlgn purposes Eor hlnhnr altity |r~|nc the Hnnclf\/ PreSSUe, and temperature
variations presented in Flgures 78 to 80 are suggested for prellmlnary deS|gn
-9 =
10 | | | | RNE
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}\\\ --- SATELUTEDATA
- )\ _
10710 B\ | —— SATELLITEAND 3
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— \\ \ \\\\ =]
o ]
PRI RN NN =
S~ — \ N -
ﬂ — SUMMER DAY —]
2 :_
S 1012 B —-—
E 10 = \\\ ——E
) L N ]
=z — \\\ 7]
= . . DN
1013 - ==
= SUMMER DAY \ X\, . 13:00 HRS
- 33N NN N KALLMAN ]
N NN N ]
10-14 — \ \\\ \\\ _—é
— WINTER DAY 2 N —
u NORTHERN LAT - 01:00HR
s b1 11

400 800 1200 1600 2000 2400 2800

ALTITUDE, FT x 1073

FIGURE 78 - Density Variation with Altitude
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FIGURE 79 - Pressure Variation with Altitude
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FIGURE 80 - Temperature Variation with Altitude
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3.2

Venus, Mars:

“Standard” and extreme model atmospheres of the planets Venus and Mars have been calculated
and presented by NASA. Pressure, temperature, and density are given as functions of height.
The models are to be considered as preliminary.

4. ENTRY TRAJECTORY CHARACTERISTICS:

4.1

Typical ballistic and I|ft|ng entry vehlcle trajectory characteristics were presented in Paragraph 1.

However, thg-desi s T 2
and (simulta eously W|th angle of attack motlon) varled spln rates WhICh result in'an

conning moti
Ballistic:
In the abse

control prig
aerodynam

curves of angle of attack and frequency are shown in Figures 81 and 82.
f attack is normally minimal (and frequency,greatest) at peak dynamic

the angle g

on.

ANGLE OF ATTACK,
DEG

nce of roll control systems or other specific methods ofactive entry ve
r to and during atmospheric flight, the angle of attack amplitude and frequency on
ic heating rate and total aerodynamic heating load must be considered.
It shoul

+80 > ANGLE OF ATTACK
+40 b ENVELOPE
o‘
PEAK
- 40} DYNAMIC
PRESSURE
- 1 1 L J
800 10 20 30 40

>

TIME FROM 300,000 FT, SEC

FIGURE 81;<'Entry Vehicle Angle of Attack Characteristics

ck oscillations
elliptical or

hicle position

Typical
H be noted that
pressure.

(7]
3] PEAK DYNAMIC PRESSURE
Ozt
5
Z 8
uw
S T __/ \
@
u. o L 1
o) 10 20 30 40

TIME FROM 300,000 FT, SEC

FIGURE 82 - Entry Angle of Attack Frequency

The comparison of the summer-day rocket flights at 59° N and 33° N indicates that the warmer
and more dense atmosphere is found at higher latitudes, since during the summer the solar

photon and corpuscular radiations heat the upper atmosphere 24 h each day.
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4.1

4.2

(Continued):

At an altitude of 722,000 ft the density of the atmosphere is equal to 1.3 to 3.1 x 10" Ib/ft>. By
changing the period of revolution of the Sputniks around the Earth, and by changing the position
of the perigee, it was found that the density of the atmosphere at this altitude was greater in the
day than at night and greater in the polar than in the equatorial regions, which agrees with

La Gow.

The satellite results do not show the strong Iatltude dependence WhICh appears in the rocket data.

Satellite
therefore a
perigee in

analyzed fq

Day-night |
in Figure 8
lower than
Priester, th
insufficient

Lifting Entr

Although lifting vehicle entry characteristics are frequently estimated on the basis

glide paths
attack), prg
of attack.

tomatlcally samples a broad range of Iatltudes durlng the course of th
he plane of the orbit. Rocket pressure data from the Fort Churchill firir
r summer and fall days, up to an altitude of 660,000 ft.

ariations of temperature have been compared to the ARDC. Standard
D. Unlike the density data, which compare rather favorably, the day-nig

ere is relative uncertainty about the validity of thedemperature values |
knowledge of the molecular weight.

y Vehicle Trajectory Characteristics:

(see Paragraph 1) for which a constant L/D is assumed (and a specifi

See Figure 83.)

PULL-0OUT
AT C¢ max

x
2 50 OR (L/D)yax
~o (L/D)MAX
<w (INCREASE a TO PROVIDE
S LIFT FOR ALTITUDE
s MAINTENANCE)
4 LOW ANGLE OF ATTACK
2 5 =" 70 HOLD CONSTANT ALTITUDE
< ()

ENTRY TIME — 1000 SEC

atellite
e rotation of its
gs have been

hnd are shown
jht effects are

ARDC, though the temperature values were calculatedfrom the densitly. According to

ecause of

of equilibrium
c angle of

ctical entry path management considerations may require a wide varigtion in the angle

FIGURE 83 - Lifting Entry Angle of Attack Modulation (Pull Out and Constant Altitude Flight)

The designer is cautioned to examine the mission and configuration to ensure that upper surface
heat transfer rates are compatible with the heat protection system material selection.
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5. ENTRY VEHICLE FLOW FIELD CHARACTERISTICS:

A requirement for entry vehicle aerodynamic and thermodynamic design is entry vehicle static
pressure level and distribution and flow field gas state property information. For aerodynamic

design these quantities are needed for predicting vehicle pressure loads as well as

force and

moment characteristics. Within the past 10 years, numerical solutions have been developed for
predicting the aerodynamic flow field about sharp and blunt nosed axisymmetric entry vehicles at
zero and small angles of attack, and about sharp and blunted wedges. Similar development efforts

have been under way for general three-dimensional flow fields.

Results from|the numerical solution of the flow field have been used extensively, in tlhe

aerothermodlynamic design of entry vehicles. In the process of predicting surface p
pressure disfributions, the flow field technique generates the entire inviscidshock Iz
including the|thermodynamic quantities, temperature, and density. This permits the
of gas compgsition throughout the shock layer and the resulting gas radiation once
emissive and absorptive characteristics are known. From the pressuré’ distribution

properties at|the upper edge of the boundary layer, velocity, densityvand temperatu
subsequently the aerodynamic heating analyses and viscous drag can be determin
field shock geometry information also provides a means for including vorticity effect
heating and $kin friction and indicates regions of shock-wave/control-surface intera

The numericgl techniques available are primarily these which solve the equations o
steady flow df an inviscid, nonheat-conducting, compressible gas in chemical equili
hypersonic speeds. In order to solve these equations for the blunt body problem, it
necessary tolconsider the shock layers as being divided into a subsonic region at t
body and a supersonic region downstream from the sonic line. The mixed flow fielg
this way because the mathematical nature of the basic equations are different in ea
subsonic regjon they are of the elliptic type and in the supersonic region they are off

type.

ressures and
yer structure,
determination
the gas

alone the flow
e, and

ed. The flow

5 on the viscous
ction.

f motion for
brium at

is usually

e nose of the

is separated in
ch region; in the
the hyperbolic

Stable numefical solutions of the hyperbolic equations may be obtained by the method of

characteristig¢s, which requires only the specification of initial conditions along a boy
supersonic flow field and‘the given body shape. A solution of the elliptic equations
to obtain bedause numerical processes in the subsonic region are unstable unless
specified around a . complete boundary. In practice, only the freestream conditions
shape are known’for the qunt body problem. Consequently, most mvestlgators ha\

ndary in the

s more difficult
conditions are
hnd the body

e utilized

forward intedratio
review of numerical solutions of the entry flow fleld problem refer to Reference 6.

. For a detailed

The purpose of this section is to present to the designer a series of approximate methods and
charts summarizing results from exact numerical solutions so that rapid estimates of the pressure
and pressure distribution and flow field properties may be made. Body surface pressure and shock

shapes are emphasized.
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5.1

Equilibrium Air Properties:

The development of entry vehicle flow field and pressure distribution, as well as the analysis of
aerodynamic heat transfer characteristics of an entry system exposed to a high-temperature gas
environment, requires a set of high-temperature gas state properties, including air density,
temperature as a function of entropy, enthalpy, or pressure. Extensive tables and charts of the
properties of air in thermochemical equilibrium are available (References 7 and 8). A summary of
these air properties are given in Figures 84 through 92 for temperatures associated with flight
velocities up to and |nclud|ng orbltal veI00|ty From the references C|ted above similar curves
may be prep C ons, the designer
should alw ays resort to the detalled tables and charts NormaIIy, the two most redlly determined
state propgrties are pressure and enthalpy. Once these are determined, the remainder of the air
properties ¢an be obtained by reference to the charts or to the referenced;tables. | The
determinatjon of pressure and enthalpy is given in the subsequent sections. Althgugh air
properties are normally presented as equilibrium values (Figures 84 through 92), the dynamic and
chemical phenomena resulting from high-speed flow frequently result'in conditiong of
nonequilibrjum.

Chemical rfonequilibrium occurs when finite time is required for the chemical reactions in the gas
to take plage following large changes in energy levels, as:\when passing through g strong shock
wave. At low flight velocities the chemical reactions are considered instantaneous and the gas is
in “chemical equilibrium.” As satellite velocities are(approached, the time required for the
chemical r¢action relaxation time becomes appreciable; in fact, the gas may pass|through the
shock wave and over the nose without chemigal reaction occurring. This flow corldition is termed
“chemically frozen” (Reference 9). Qualitatively,

Chemical Bquilibrium:

Chemical relaxation time
Characteristic flow time

(Eq.127)

Chemically| Frozen:

Chemical relaxation time
Characteristic flow time

(Eq.128)

For relaxation a particle passing through a shock front requires several collisions before the
various forms of energy are excited. The approximate number of atomic collisions required for the
various modes is shown in Table 4.

Although the exact number of collisions required to complete dissociation and recombination is
still undetermined, the number may be several times greater than indicated above. The time
required for the collisions to occur increases with decreasing number density. Thus at high
altitudes the relaxation times become appreciable when compared with the large flight velocities,
and nonequilibrium flow conditions can exist.
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FIGURE 84 «Characteristics of Real Gases as a Function of Flow
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FIGURE 86 - Characteristics of Real Gases as a Function of Flow
for Various Pressure Ratios; Density

-124 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

FLOW ENTHALPY, hJg, FT2/SEC?

5x1

5x1

5x1

08 1 | | | I l | l 1 I
- 0.001 0.01 ]
01
0.0001 i
N ™\ ]
P/PJ=10
08 |- |
0’ -
07 | |
P IR T E R IR RN R N
0 2000 4000 6000 8000 10,000 1p,000
T.°R
FIGURE 87 - Characteristics of Real Gases as a Function of Flow

Enthalpy for Various Pressure Ratios; Temperature

-125 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

FLOW ENTHALPY, hJg, FT2/SEC2

5x 108 i i i
108 — -
5x107 - ]
107 -]
5108 L | | | | |
0.5 1.0 1.5 2.0 2.5 8.0
u, LB-SEC/FT2 x 10 -6
FIGURE 88 - Characteristics of Real Gases as a Function of Flow
Enthalpy for Various Pressure Ratios; Viscosity
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FIGURE 90 - Characteristics of Real Gases as a Function of Flow
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FIGURE 92 - Characteristics of Thermally Perfect Gases; Variation
of Specific Heat at,Constant Pressure with Temperature

TABLE 4 - Atomic Collisions Per Mode

Mode Collisions
Translation 2
Rotation >10
Vibration 10°
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5.2 Normal Shock Relations:

By use of the air properties presented in the previous section, the conditions of pressure, density,
and temperature change across a normal shock may be computed. Further, the total conditions
existing at the stagnation point of an entry system may be readily evaluated and are normally the
most useful quantities for aerodynamic heat transfer purposes. Representative curves of
pressure, temperature, and density change across a normal shock are given in Figures 93 to 97.
From these curves and the air properties presented in Figures 84 to 92, the stagnation flow
conditions may be readily determined. For convenience, the stagnation point pressure may be

obtained fr

m-the followina correlations of the Rankine-Huaoniot normal shaock re
) g

.:_' =(1+0.2M2)%° M, <)
25
P. 2135 6
—t=(1.2M e 1<M_ <5
B (1.2M2) IV 1 ( - <9)
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'—3——=1.155M.,, (5<M;5x8)
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FIGURE 93 - Normal Shock Wave-to-Freestream
Pressure Ratio Versus Flight Speed for Constant Altitude

(Eq.129)

(EQ.130)

(Eq.131)

(Eq.132)
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FIGURE 94 - Normal Shock Wave-to-Freestream Temperature
Ratio Versus Flight Speed for Constant Altitude
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FIGURE 95 - Normal Shock Wave-to-Freestream Density
Ratio Versus Flight Speed for Constant Altitude
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5.2 (Continued):

5.3

Total enthalpy is conserved; consequently,

U2
h= hm+2—g—j (Eq.133)

Similar pressure ratio curves are available for oblique shocks. A curve of speed of sound is given
in Figure 98 for convenience in r‘nmpufing Mach number

©

[
PRESSURE, P, ATM

- Ll
o >
61— <A> :(O):i /’d el

A

\

\

()

SPEED OF SOUND aq, FT/SEC x 1072

%%

3000 5000 7000 9000 11,000 13,000
TEMPERATURE, T,°R

FIGURE 98 - Speed.of Sound in Air Versus Temperature
Surface Pressure Distributions:

As the initial step in the determination of the shock layer characteristics, the presgures at the inner
boundary, the centerbodysurface, must be determined.

The pressyre distributions for the spherical portion of the sphere-cone configuratipn may be
approximated reasonably well by modified Newtonian theory plus a Prandtl-Meyef expansion. Far
downstream,the pressure approaches the pomted cone value predicted by the Taylor-Maccoll
theory or by-tHe-theo ot Chernyi-howe petion, none of the
simple methods (such as the mOdIerd Newtonlan or blast wave theory) gives satisfactory
predictions of the inviscid pressure distributions over a large range of cone angles and free-
stream conditions. For the limiting case of a hemispherical nose tip followed by a cone of
semivortex angle greater than 20 deg, Newtonian theory gives a good approximation to the
pressure and pressure distribution.
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5.3.1

Newtonian and Modified Newtonian Theory: Newtonian theory gives the pressure coefficient on
the surface of a body as

where:

0=

This relafforrisobtained-fromcompressibte-flow-theory-for-the-timits vr—and

neglect of the centrifugal effect of the flow about the body. In Newtonian theory
bd to coincide with the body surface, and consequently there is an infin
layer of fluid of infinite density following the contours of the body surface;the ce
of this flow must be taken into account.

iS assum

Modified

where:
CP,n

Equation
05 for M -
the actu
approxi

surface ig equal to that immediately behind the shock, thereby assuming that th
component perpendicular to’the body surface, as well as neglecting the centrifu

Newtonign theory miayalso be written in the following form, which is more pract
aerothermodynamic design use.

Newtonian theory replaces Equation 134 by
i =sin? 0
P,max

Cp=2sin%0

Body surface angle

ax = 4y/(y+1)

135 is the pressure coefficient\ratio immediately behind a shock wave
> oo, Since vy is not unity, this'shock wave does not coincide with the b
| shock angle is not equabto the body angle 6. Therefore, modified Ne

tes the shock angle.by the body angle and assumes that the pressurg

Pw _ gin? 9 + cos? (P;“W

(Eq.134)

v — 1 and by
the shock wave
itesimally thin
ntrifugal effect

(Eq.135)

of shock angle
bdy surface and
wtonian theory

e on the body
ere is no velocity
gal effect.

cal for

(Eq.136)

where:

Fi \Fy/

P.. represents the freestream atmospheric pressure
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5.3.2 Prandtl-Meyer Theory: Newtonian theory is inaccurate at local surface angles less than 20 deg.
For surface angles less than 20 deg, Prandtl-Meyer expansion is recommended where the
expansion is begun at the sonic line (6 = 45 deg) to the local surface angle. The local pressure
ratio may be found by use of Reference 14.

5.3.3 Pure and Blunted Cone Theory and Methods: A correlation of available equilibrium real gas
inviscid surface pressures and shock wave angles for pointed cones at hypersonic speeds is
presented in Figures 99 and 100. These results are compared with theoretical results
(Reference 10) for perfect gas conditions (y = 1.405). The differences due to the type of gas,

real or ideatfer-airin-chemicalequilibrium-are-smat-
3.4 T T T T
REAL GAS NUMERICAL M U
FLOW FIELD RESULTS = -
3.2 9., DEG —
ol &Ii0
3.0 o2 212 —]
04 &I25
® a5 vlI5
o 2.8 V6 01786 7
s \, 08 20
& 26 +9 928
~= CHERNYI{.31.405
x ROMIGREAL GAS
24
22 0,
Mwwlmﬂ:tc t <
2 3 4 596 7 8 9 o

K=M-TAN &8

FIGURE 99 - Hypersonic Similarity Correlation of Surface Pressure for Pointed Cones
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FIGURE 100 - Hypersonic Similarity Correlation of Shock Wave Angle for Pointed Cones
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5.3.3

(Continued):

Figure 99 shows the pressure coefficients for real gas conditions on pointed cones with different
apex angles 6, and at different Mach numbers M plotted as a function of the hypersonic
similarity parameter K = M (tan 6;). The data shown were obtained from the exact solution for
flow past a right circular cone (Reference 11) and the solid curve is the result of the numerical
solutions obtained using the equivalence principle for perfect gas (y = 1.405), given in
Reference 10. For values of K > 3, the real gas effects upon the pressure coefficients are small,
and for K < 3, real and ideal gas values are nearly identical. The differences at large values of

K were ci
These ar

The corrg

figure cofresponds to the dependence found using the equivalence principle for
(y=1.40%). This dependence is well approximated by the following relation:

where:

Ks
K
0s

To provig
pressure
pointed G
real to id¢
Figure 10
abscissa

normal shock multiplied by the axial station, x/r,, minus the value at the sphere

point, xt/
obtained

e in good agreement as shown in Figure 99.

lation of shock wave parameter K is shown in Figure 100. The'solid ¢

Ks +1

S =1 4

K 2

1
<

= M tan 0
= M tan 0,
= Shock angle measured relative to the cone axis

e design information for the_effect of nose bluntness and entropy grad
distribution, the local pressure on the cone surface is normalized by th

eference 12).

irve in this

perfect gas

(Eq.137)

ent on local
e theoretical

bal gas properties-inithe shock layer at the nose of the body. An exam
1 for a 9 deg sphere cone over a wide range of Mach numbers and al
is expressed in terms of the effective gamma approximation to the den

n. Using.correlations of the type shown in Figure 101, median correlat
which,can be used for design purposes. These correlations for Mach

than 10
purpose

re.presented in Figure 102. Additional pressure distributions, suitable

le is shown in
tudes. The
sity behind the
cone tangency
on curves are
humbers greater
for design

one value, and the langitudinal coordinate is stretched by the ratio of t}e densities for

are given in Figure 103
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5.3.4 Axisymm
entry veh

experimental data must be utilized toprovide a means of predicting wake press

and subs
pressure
and 105
and also
the air pr
distributiq
determin
results pr
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FIGURE 103 - Typical Pressure Distributions, Flow Fields,
Sphere Cones, Mach Number = 15

etric Entry Vehicle Base Regions;:\No adequate methods exist for the
icle base region flow fields, ineluding base pressure. Consequently, e

equently base region heatiransfer. For slender, low bluntness ratio ve
is a function of the boundary layer flow, either laminar or turbulent flow
pive the variation of.wake closure angle with boundary layer flow and ¢
the ratio of base.to local pressure as a function of entry vehicle Mach 1
pperty information in Paragraph 5.1 and the methods for determining s
n in Paragraphs 5.3.1, 5.3.2, and 5.3.3, local flow Mach number and p
bd. Quantitative base pressure results can be taken directly from Figu
esentedin this figure permit the determination of flow field properties i
imarity’by the assumption of isentropic expansion described in Paragr

brediction of
mpirical or

Lre, flow field,
hicles, the base
. Figures 104
onfiguration,
umber. From
urface pressure
ressure can be
e 105. The

h the base

hph 5.6.1.
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5.3.5 Asymmetric Entry Vehicle Methods: The prediction of primary body pressure on lifting vehicle
configuration is normally a composite of methods, that is, combinations of Newtonian theory,
axisymmetric body flow field correlations (Paragraph 5.3.3), two-dimensional flow field
correlations and approximate techniques. The methods described in Paragraphs 5.3.1, 5.3.2,
5.3.3, and in this section should allow the designer to obtain values of pressure from which
engineering estimates of heat transfer may be made. Also, see Paragraph 2 for regions of

5.3.5.1

applicability.

This section presents deS|gn charts together W|th analytlcal expresswns for pressure

distributigns—c

e. The design

charts ar¢ based on a varlatlon of the bIast wave analogy and account for the e1fects of nose
bluntnesg on the afterbody pressures. The design charts for pressures on the gylindrical nose

and the

downstream sections are presented in Figures 106 and 115 through 11

B. The use of

these charts is illustrated by sample calculations. Also presented are methods for predicting

pressure$ on expansion surfaces for attached flow and pressures for. blunted pl

leading edges.

Blunted

togeth
pressu
is,

(

el
dS Newtonian -

dp
ds

Leading Edges: The engineering method whichémost realistically pre
pressufies on a cylindrically blunted leading edge is a_.cembination of modified

btes with swept

Hicts the
Newtonian

r with a Prandtl-Meyer expansion initiated from'the point on the cylindgr at which the
e slopes of modified Newtonian theory and Prandtl-Meyer expression

).

(Also s¢e Paragraph 5.3.2.) The.préssure ratio of freestream pressure to tota

are equal; that

(Eq.138)

| pressure

behind fa normal shock, Table Il.of Reference 14, is used in the Prandtl-Meyer expression. It
is this theoretical expression.that is recommended. The results are presented in Figure 106
for the £hord parametersx/r, and s/r,.

Note: d = 2r,

Cp/Cp, max

SHOULDER
FOR o = 98°

0

0.5

1.0
s/ry

15 20 25

FIGURE 106 - Pressure Distributions, Two-Dimensional Blunt Bodies, Leading Edge
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5.3.5.2 Downstream Sections: Four major areas in downstream sections are discussed in the
following paragraphs.

(1) Compressive Surfaces: Comparisons of available experimental pressure data for two-
dimensional blunted sections with various theoretical methods indicate that the correlation
parameters (Reference 15) yield consistently good agreement with experimental data for
compressive angles of deflection and Mach numbers of 4 to 12. These parameters,

and

are
for
fairg

: (Yi_P {)Poo (Eq.139)
2 I Mia?
2
3 2/3
M Kby (Eq.140)

M2 02

é—P =0.36[ v (v+1)M202}$0.0383 [ v (v+ 1)MKd/x)*" |

modified forms of the blast wave parameters. The’plot of these correlation parameters
hvailable experimental data is presented in Figure 107. The equation ¢f the curve
bd through these data points is expressed as:

(Eq.141)

Io 1 I f ] T I 1 [ T 1 1 T T 1 T 11 T T T T l—‘
- M_ a
v P Mo .
~ o155 4
w88 g5 6 3
= o115 8 -
o t v 5.7 (10 LT .
X 6| - 0808 30 1
= © 808 28 v ]
~ |7 2808 I >
X 4| -b(69 10 ¢ et N
= w69 5 >, N
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FIGURE 107 - Correlation of Experimental Pressure Data, Blunt Flat Plate
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5.3.5.2 (Continued):

The agreement between the experimental data and Equation 141 is adequate for design
purposes. Those data that are not in good agreement with Equation 141 are usually data
obtained near the leading edge and afterbody tangency point. This is emphasized from
results presented in Figures 108 through 110, which show the comparisons in physical
coordinates. An additional indication that the theory overestimates the pressure in this
region is shown in Figure 111, which presents a comparison of numerical flow field results
with that of Equation 141. Although the flow field data are limited to a distance a few nose

rad
this

Lfrom the leadina edae it anpnears that hetter aareement is ohtained d
g I=7 PP g

location.

T T YT YT T T
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FIGURE 108 - Comparison of Experimental and Predicted
Pressure Distributions, Two-Dimensional Blunt Bodies
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FIGURE 109 - Comparison of Experiméntal and Predicted
Pressure Distributions, Two-Dimensional Blunt Bodies
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FIGURE 110 - Comparison of Experimental and Calculated
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5.3.5.2 (Continped):

Equ

(se¢ Figures 112 and 113); therefore, blast wave theory (Reference 16) is

des

40

20

I l
0 5 10 15 20
X/th

FIGURE 111 - Pressure Distribution, Two<Rimensional Blunt Bodies
(M =15, Altitude = 100,000 ft)

ation 141 does not correlatewith experimental data well at zero angle

gn charts for the zero deflection angle condition:

AP M2 K]
=0.187 —) =" _ 026
5 8{\/?(7 )x/dJ

5}

5 of deflection
used in the

(Eq.142)

- 145 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

6 JIII“IIIlHII'IHIlIIL

B OM=395

8 4 (X,:()0 —_
n_ —
o 0 EQ. 142 =
<< “}F = -

0 IIIIIIII|IIII|IIII|II[_

III|IIIIIIII||IIII|II

OM=69
a=0°

IIIIIII|I

IIIIIII!!lIIlIlIIIIIII—

0 5 10 15 20
X/t

FIGURE 112 - Comparison of Experimental and Calculated
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FIGURE 113 - Comparison of Experimental and Calculated Pressure Data
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5.3.5.2 (Continued):
The ¢ factor is obtained from Reference 16. Equation 142 agrees with available

experimental data, as shown in Figures 112 and 113. Equation 142 may be expanded to
take account of slight local flow angles less than 10 deg by addition of inviscid wedge

values, as follows:
P P AP
_ =] — —_— Eq.143
(Pw]n,m (p” )imdsn’rl wedqge " ( P°° JFn 142 ( q )

(The last term is determined using Equation 142.) Equation 143 is pot used in the design
charts; however, a comparison of predicted values obtained by useof Eqyations 141 and
143 is presented in Figure 114 for angles of attack of 0, 5, and A0"deg.
14
12
10
&8 8
o
< 6
4
2
o I N N
0 5 10 15 20 25
x/d
FGURE 114 - Pressure Distribution on Blunted Flat Plate (M = 6.9)

All Solid Lines Trom Equation 143; All Dashed Lines Trom Equation 1471

Although the above equations are derived primarily for a blunted plate at angle of attack,
they may also be used for blunted wedges if care is exercised in determining the correct
axis system and the correct chord parameter to be used. In order to predict pressures for
both blunted flat plates and wedges, a wetted length parameter (measured from the
stagnation point) is used, s/r,. Consequently Equation 141 may be rewritten as
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5.3.5.2 (Continued):

I— -|2/3

2
é_P=0.36[y(y+ )M26? |+ 0.0383 1y (v +1) MK
- (1/2)(1+3—Mj

57.3

n

(Eq.144)

where:
0 = Local flow angle or body angle on the surface

Degign charts for pressure distributions on blunted slab afterbodies are pr
Figlires 115 and 116 for the chord parameter x/r, and in Figures 117 and 1
parameter s/r,. These charts cover the Mach number range 5.0 to 20.0 ar
angles of 0 to 30 deg.

o

N

o
|

0 2 4 6 8 10 20 30 40 50
X/Tn

F

GURE" 15 - Pressure Distributions, Two-Dimensional Blunt Bodies, M

psented in
18 for the chord
d local flow

T
()]
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FIGURE 116 - Pressure Distributions, Two-Dimensional Blant Bodies, M = 10-20
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GURE 117 - Pressure Distributions, Two-Dimensional Blunt Bodies, M
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RE 118 - Pressure Distributions, Two-Dimensional Blunt Bodies, M =

ued):

ding Edge-Afterbody Tangency Region.forCompressive Surfaces: Th
ciency of the aforementioned methods is the tendency to overpredict

cylinder-afterbody tangency regionAn expression for predicting press
on, for a blunted plate at zero angle of attack, is given in Reference 17

P /P

t/ Fmax Py / Pes

ratios Py/Pax and Py/P.. (from C,/C, max) may be obtained from Figure
Reference 14 for air. One of the assumptions made in deriving Equaf
maximum pressure coefficient Cp nax is essentially constant; thus the u
is limited to Mach numbers greater than 5.0.

0-20

largest
he pressures in
sures in this
as

(Eq.145)

106 together
ion 145 is that
se of Equation

Comparisons of the method of Reference 17 with experimental data are given in Figures
112 and 113. While the pressures in the leading edge-afterbody tangency region
predicted very well, the pressures a few nose radii back are underpredicted. A more
representative prediction of pressure distribution can be obtained by using Equation 145
for values in the shoulder region and then fairing the curve into the basic blast wave
expression at two or three nose diameters back. These fairings are presented as dashed
curves for Mach numbers greater than 5.0 in Figures 116 and 118.
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5.3.5.2 (Continued):

At angles of attack, there is also a tendency of the theoretical methods for the afterbody to
overpredict pressures at the tangency point. Since Equation 145 does not give
satisfactory results for local flows other than zero, a pressure discontinuity due to the
method will likely occur in the transition region. Furthermore, at high angles of local flow,
a type of overexpansion is evident in the data (Figures 110 and 111), which is not
compatible with the theoretical expressions given for design application. Consequently,
the pressure data from Figures 115 to 118 must be faired in this transition region, as

illustrated-in-the - example presented
Pro P

(3) Expansion Surfaces: Limited available experimental data for the expansipn side of a
blunpt flat plate are presented in Figure 119 along with the theoretical-resulis of Reference
15.|Due to lack of available experimental data and this inconclusive comparison with the
data, the use of an approximate method is necessary. Until additional exgerimental data
become available to allow a more comprehensive correlation“of pressures|on an
exp@gnsion surface, it is recommended that a simple Prandtl-Meyer expangion be used.
Redults of this expansion are also presented in Figure M9 for design use.

T T T T TTTT T[] T TT
i M=395 Np, o 4*3300 ]
3 a
i 3 ~
o-6°*
n\ D-0° 4
8 2%
al [*]
3 [a{N,
<t o 2 1
| o3 -
2% L]
B ——(.:—--—:-i—:—--:—-— —-az-m
ol 1 1 L 1 L L 1 1 ! 1 o1
o] 5 L] 15 20 25

FIGURE 119 - Expansion Side Pressures

(4) Swept Surfaces: As with expansion surfaces, there are limited experimental data showing
the leffectstof sweep on the pressure distributions of two-dimensional blun{ bodies. Sweep
effectsean be estimated by multiplying the nose bluntness term by the squiare of the

cos|neof the sweep angle (Reference 18). Modification of Equation 141 Hy this procedure
yields

3 2/3
ﬁ_P =0.36 [Y (y+1) Mi,ocz] +0.0383 [y(y +1) (M“)’( Kd) } cos? A (Eq.146)

The results of Equation 146 together with experimental data, presented in Figure 120,
indicate that this modification gives representative pressure values for sweep effects and
should be used to predict pressures on bodies with swept leading edges.
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FIGURE 120 - Effect of Sweep*on Pressure Distribution

5.3.5.2 (Continped):

Exgmple: Figures 106 and“15 to 118 are used to determine pressure disfributions on
blunpted flat plates and blunted wedges. Two sample problems and their splutions are
pregented to illustrate the use of the charts.

Proplem 1: Determine the windward pressure distribution on a flat plate sg¢ction with a
henpicylindricalleading edge at a Mach number of 10 and an angle of attagk of 10 deg.

Solutioni/For a flat plate, either x/r, or s/r, may be used. For this exampld, x/r, will be
us

(a) The ordinate of Figure 106 indicates that the maximum pressure point is located at
x/r, = 0.013 for an angle of attack of 10 deg.

Pressure ratios for the various chord stations to the leading edge-afterbody tangency
point (Figure 106) are given in Table 5.
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5.3.5.2 (Contin

(b)

(c)

TABLE 5 - Pressure Ratios (Figure 106)

X/I'n Cp/Cp,maX
0 0.970
0.013 1.000
0.1 0.926
0.2 0.797
04 0.535
0.6 0.323
1.0 0.141

ued):

Figure 116, with 6 equal to 10 deg, is used for the pressures on the a
are given in Table 6.

TABLE 6 - Pressure Ratios

x/rn Cp/Cp,max
1.0 0.209
2.0 0.142
4.0 0.100
6.0 0.0830
10.0 0.0650
20.0 0.0530
30.0 0.0460
50.0 0.0430

These calctifated points are plotted in Figure 121. As noted previous
pressure-discontinuity in the method at the leading edge-afterbody tal
(x/r, =1). Based on the comparisons of experimental and theoretical
(Figures 108 through 111) the pressure at the shoulder obtained from

terbody. These

y, there is a
ngency point
pressure values
Figure 106 is

faired into the afterbody pressures at x/r, equal to approximately 7.
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5.3.5.2 (Contin

Pro
half

Sol

(a)

LS R R . —

o
o

Cp/Cp, MAX
o
o

P
HM)

I I S m—
0 2 4 6 8 10 20 30 40.050
X/Tn

o

FIGURE 121 - Sample Problem 1: Pressure Distribution on
a Blunted Flat Plate M = 10, o = 10-deg

ued):

blem 2: This is the same as Problem 1:except that the section is a blu
-angle wedge at angles of attack equal to -10, 0, 10, and 20 deg.

ition:

For a wedge, the chord parameter s/r, is used in Figure 106. The de
are equal to 0, 10, 20, and 30 deg, respectively, that is, the angle of
wedge half angle. See Table 7.

TABLE 7 - Chord Parameters (Figure 106)

hted, 10 deg,

lection angles 6
ttack plus the

S/rn CP/CP,max
0.0 1.000
0.2 0.958
0.4 0.856
06 0.684
0.8 0.487
1.045 0.283,

o =20 deg
1.220 0.197,
o =10 deg
1.392 0.143,
o =0deg
1.57 0.100,
o =-10 deg
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5.3.5.2 (Continued):

(b) Figure 118 is used for the afterbody pressures. 6 is equal to 0, 6, 10, 20, and 30 deg.
See Table 8.

TABLE 8 - Afterbody Pressures (Figure 118)

CP/CP,max CP/CP,max CP/CP,max CP/CP,max CP/CP,max

(=) -10 0 10 20
st =) 8 10 26 30

1.045 - - - 0.438
1.220 - - 0.295  0:417
1.392 - 0208 0272 ,©403
1.57 0100  0.185 0257 A 0.392
2.0 0.066 0158  0.235.,)" 0.373
4.0 0.047 0105  0.188. 0.330
6.0 0.045 0086 0470 0312
10.0 0.033 0068 {0154 0295
20.0 0.019 0053 . <0439 0282
30.0 0.013  0.047.> 0.433 0276
50.0 0.010 0042 0427 0.271

(c) | These data are plotted in Figure 122:" Again, the pressures in the shdulder region are
faired. Note that the zero local flow angle condition has previously bgen faired in the
design charts, using Equation 146. To obtain pressures in the tangerjcy region for
local flow angles greater than 20 deg, the pressures will have to be fgired, using
experimental and numerical flow field data (Figures 110 and 111) asiuides.

W1 T T T T T ]

|
I
I
I
I
I
I
I

9 = 20°
10 —
: . 0
1 { ] . F—
8 10 20 30 40 50

s/rn

FIGURE 122 - Sample Problem 2: Pressure Distribution on a Blunted Wedge,
Half-Angle = 10 deg, M = 10
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5.4 Shock Shapes:

As the second step in the determination of the shock layer characteristics (the outer boundary),
the bow shock wave location must be predicted. Two phases are considered: the shock location
in the vicinity of the nose of the reentry vehicle, and the shock location as it extends downstream.

5.4.1 Downstream Region: Design considerations relative to bow shock wave location in the
downstream region are discussed below.

5411 Correlations—Elow field solutions-for bow -shock wave chapnc about a cphnrn cone show that

as the Mach number increases the shock wave lies closer to the body; also;that as the cone
angle increases, the shock moves in closer to the body and then moves away|again.
Consequently, cone angle and Mach number must be considered as impoftant correlation
paramsgters. The analytic method of Cheng (Reference 13) is used.as a correjation method.
The reqults from Cheng’s theory in terms of the parameters

0
n
and
62 X
n
are given in Figure 123, where ¢ iscgiven by
vy—1
e€=—o (Eq.149)
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FIGURE 123 - Comparison of Flow Field Shock Shape Data (Cheng’s Correlation Parameters),
(Reference 13), Where Body Angle 0 is in Radians
5.4.1.1 (Continped):

Also presented are the results of available numerical flow field solutions. Conparison of these
data in:ﬂicates that the agreement.is qualitatively good, but agreement between specific values
is lackinmg. The “dogleg” in Chehng's theoretical result is due to the fact that thg shock is
influenged rather abruptly by, the presence of the conical afterbody. In terms of flow field
results,

upstre
point.

angle i
conditign; however as eV|denced in Flgure 123 the results of the exact numeyical solutions
indicate tf ' f ' ' ne angles is not
necessarily equal to 0.5. Also, there is a deflnlte variation with cone angle in the flow field
results.

In order to improve this difference, the correlation parameters for the region prior to the
“dogleg” have been modified and the functions of cone angle eliminated. This modified
correlation of the flow field data prior to the “dogleg” is presented in Figure 124. The modified
parameters correlate all cone angle effects in the region prior to the dogleg in Cheng’s theory.
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FIGURE 124 - Comparison of Flow Field’Shock Shape Data
(Modified Correlation. Parameters)

5.4.1.1 (Continped):

In Figure 123 there is still a dependence of the flow field shock wave results on Mach number.
Over thee left-hand side of the cerrelation, this Mach number effect is slight; however, over the
right-hgnd side of the correlation; the Mach number effect is quite pronounced.

On the |pasis of these cofrelations, a design method is recommended which considers the
correlation in three separate regions. These regions are the three regions shgwn in Figure
125, where:

I. Thg correlation is independent of afterbody shape and only slightly dependient on
fregdstream Mach number.

II. TheTorreration is independent of aiterbody shape but dependent on freestream
Mach number.

lll. Cheng’s correlation parameters are used, since the results are dependent upon both
the afterbody shape and Mach number.
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FIGURE 125 - Boundaries of Applicability for Bow Shock Shape Configurdtion

5.4.1.1 (Continued):

The three regions are illustrated in Figure 125 and are shown to be functions ¢f Mach number,
cone anfgle 0, and the parameter [(1/vVeK)(x/2r,)].

5.4.1.2 Design|Method: Analytic expressions have been written to fit the exact flow figld results for
the thrge regions-just indicated. These expressions all have the form:

Is K652 (eK)Ke (x / 2r, K (Eq.150)
2r,
where:
K = (CalCps) (Cps) cos” 6
Ca = Nose drag coefficient, dimensionless
Cps = Maximum pressure coefficient, dimensionless

where the constants K are functions of the applicable region and Mach number; the calculated
values of these constants are presented in Figure 126.
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URE 126 - Constants for Shock Shape Determination; Sphere-Cone B
ued):

Frelation technique is developed for a sphere-cone body at zero angle

r, it is applicable with little modification for the prediction of the bow sh
dward ray of the body at angle of attack (Reference 19). The method i
hngent-cone approach, that is, the shock shape for a 9 deg sphere-con
f 10 deg is determined by using a shock shape for an equivalent 19 dg
f attack. In-this application the method prescribed for zero angle of att
hock location are utilized with a modification in the calculation of the n

and in the boundaries of applicability of the correlation constants K.

For the

ody

pof attack;

pock shape along
nvolves the use
e at an angle of
bg cone at zero
Ack calculations
pse drag term k

A have shown

shock shape corresponding to the leeward meridian, experimental dat

that the leeside shock shape remains fixed in space for a large range of angles of attack (up
to approximately 60 deg). Consequently the shock shape calculated for zero angle of attack

may be

used for the leeward values over a wide range of angles of attack.

Figure 127 gives comparisons of this analytical method of predicting windward and leeward
meridional shock shapes at angle of attack with experimental data. Good agreement is shown
(note that the leeside shock shape is fixed in space for angles of attack at least as great as 60

deg).
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GURE 127 - Shock Shape About Sphere-Cone Body at Angle of Attac
Symbols Present Analytical Method

pion: An accurate method for predicting the bow shock shape is obtain
g available numerical flow field results, using the equation for conic se
e and Gordon.

rs = 2R3XS = 83X32

s = Cylindrical coordinates of the shock shape
= Radius of curvature of the shock at the axis (rs = 0)
='Measure of the eccentricity of the conic section

==

ed by
ctions utilized by

(Eq.151)

To facilitate the use of Equation 151, the origin of the coordinates is translated to the nose of
the body by substituting xs = Ax + x, where Ax is the stagnation point shock stand-off distance.
Then, normalizing by the body nose radius r, yields

B 2)e|

X
—+
rn

X

M

2
+gj (Eq.152)

M
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5.4.2 (Continued):

The introduction of the stagnation point shock stand-off distance, Ax, is obtained from a
correlation of values of Ax flow field solutions (Reference 6). These results for Mach numbers
greater than 5 are presented in Figure 128. This correlation is obtained by use of the density

ratio across a normal shock:

9P (Eq.153)

0'54‘7& 10
Llll
dex/rn

1.053
9Poo
/r.=
Ax/r,=0.88 [gpt]

Un
Ax/ry

0.1 .0l

0.0l 0. |
9P.o' 9Pt

FIGURE 128 - Correlation of Shock to Body Radius Ratio and
Shock:Stand-Off Distance with Density Ratio

Because [of its applicability to the correlation of Ax, the density ratio is also used|to correlate the
ratio of tHe radius(of)curvature of the shock and the body r¢/r, measured at the gxis.

By use of Equation 152 and numerical flow field results, the bluntness or eccenfricity factor Bs is
determingd? These values, shown in Figure 129, indicate a dependence on the|density ratio
and on the axial distance. Further, for any given axial station, the factor Bs is nonlinear with

density ratio and reaches a maximum at approximately gp../gp; = 0.095.
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FIGURE 129 - Shock Shape Bluntness Factor

5.4.2.1 Design(Method: Equation<51 may be used to obtain rs as a function of x for yarious
combinptions of Mach pumber and altitude [0.05 < (gp./gp:) < 0.25]. Figures 128 and 129,
togethgr with values of the density ratio across the normal shock obtained from normal shock
charts,jsuch as those published in Reference 20, are used in conjunction with|Equation 151

for thede calculations.

A simplified,eéxpression for the bow shock wave determination has been obtained by
approximating the eccentricity data in Figure 129 with a single analytical exprgssion (straight
line), by determining the analytic relations for the curves of x/r, and rs/r, in Figure 130, and by
substituting these expressions into Equation 151 to obtain the following results:

0.1958 1.053 1,053 71467 %°
= 4.18(9—":) | X+0.88 [‘L"QJ ~0.646| = +0.88 (9*:9-]
ap, T P9 M p.g

(Eq.154)

='ﬂ lVlﬂ
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A,

M ALT, FTx 103 gp/ap,
6 / 01805 —

K 12 6 0.0973
30 265 0.0534
4 /

x/rq

FIGURE 130 - Comparison of Bow Shock Shapes; Data From
GeneralElectric Co., Missiles and Space Div.

5.5 Shock Layer Characteristics;

5.5.1 Correlation: Shockdayer profile correlations are obtained from the surface pressure and shock
wave shgpe andthe nondimensional pressure correlation of Reference 21. Thisg is presented in
Figure 131. In'this figure the ratio of the local to body surface pressure (P/P,,) i$ correlated as a
function ¢f bady station in the form

0.35
(ri) I (Eq.155)
X I'S — rb
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5.5.1

5.5.2

5.6

20

2

1.2 x\

o) .2 4 6
[rn/X]°-35[(r_ rs) /( r— rb)]

FIGURE 131 - Correlation of Shock Layer Pressure-Distributions;
Crosshatching Indicates the Spread in the Data

(Continugd):

The crosshatching indicates the scatter in the flow field results. By use of this figure the local
pressurelin the flow field can be obtained.

Design Method: The local pressure is obtained by using the expression

i:(ij (1+PW_P°°j (Eq.156)
P (P, P

oo

where:

(P/R,) is obtainedfrom Figure 131 for a given body station
P, iis obtainedfrem the correlation procedure discussed previously

Boundary LayerFlow Property Determination:

In order to determine the local flow conditions pxi::’ring at the pdgp of the hnundar_ Iayer (Which
are necessary for the determination of Reynolds number, boundary layer dimensional parameters
such as boundary layer velocity thickness 8, boundary layer displacement thickness &*, boundary
layer momentum thickness 6, and local aerodynamic heating ), an assumption of isentropic
expansion from total conditions existing at the stagnation point is normally made. For entry
system geometrical parameters describing bluntness, that is, (x/r,) < 10, the assumption of
isentropic expansion is valid; for x/r,, values between 10 and 40, this assumption is no longer
valid, and vorticity or entropy effects on boundary layer edge conditions must be considered. For
x/r, values greater than 40, the pure cone relations presented in Paragraph 5.3.3 are valid.
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5.6.1

5.6.2

Isentropic Expansion: For regions of x/r, where the assumption of isentropic flow is valid, the
local boundary layer edge properties are independent of boundary layer velocity thickness 6 and
may be determined from the initial conditions of stagnation (total) point pressure and enthalpy
(Pt and h;) and from the local value of static pressure P.. The value of entropy at the Py and h;
conditions at the stagnation point are determined from Figures 84 through 90 or tables of high-
temperature air properties. Expansion of the flow at constant entropy is made to the local static
pressure at the edge of the boundary layers. Local density, temperature, and compressibility
factors are then obtained by reference to the tables or figures at the local enthalpy or pressure.
Local velocity (at the edge of the boundary layer) is obtained from the following relation:

Local flov
determin

as well a

Vorticity/l
x/rn =10,

entry vehjicle location i is no longer valid. Forincreasing values of x/r, the flow ¢

boundary
132) rath

Ue =+/2g9J (hg —hg)

v conditions at the edge of the boundary layer such as Reynalds' numb
pd; that is,
Nego = 9PeUeS
Me

5 the aerodynamic heating (see Paragraph 6):

Entropy Gradient Effects: Specifically, for'x/r, > 0.6 and, in general apy
the assumption of an isentropic expansion of the flow from the stagnai

layer crosses the entry vehiclecbow shock at increasing angles of obli
er than through the stagnation region where the shock angle is approx

At very |

conical shock wave defined for puré cone configurations. The method for deter
flow properties is based on the.conservation of mass flow through the boundary
position which crossed thefentry vehicle bow shock at the position of a common
The mechanics of this procedure are defined as follows: An isentropic expansid

a pointi

rge values of x/r, at positioni, the flow entering the boundary layer is t

mediately behind the oblique shock location through which the freestr

(Eq.157)

er may then be

(Eq.158)

lication, for

ion point to
entering the
Nuity (see Figure
mately 90 deg.
hat crossing the
mining the local
layer at each
streamline.

n is taken from
bam passes to

yield the |ocal pressure P, at a body point. The oblique shock angle 65 used in this example is

determingd by aniiterative procedure. For the first iteration, assume that the sh

known.

bck angle 6 is
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5.6.2

STREAMLINE X; /

POSITION i

FIGURE 132 - Flow Entering the Boundary Layer

(Continue
The pres

When M.

and

When M

and

d):
sure and enthalpy immediately behind the oblique shock where-the ang
sin 0g > 4:
a=&Pn4wgmmb-%ﬂ
1
2
hs=h“[$+QZMism29§($—(%5)]}
1
L, sin 0 < 4:
P.(7M? sin’@, —1)
P, = 5

h =h (7TM2 sin? @, )(M? sin? @, + 5)

jle is O; is:

(Eq.159)

(Eq.160)

(Eq.161)

(Eq.162)

36M?2 sin® 6,

The velocity ratio u,/u4 is obtained from linear interpolation of values given in Table 9. The
following properties are then obtained from tables of high-temperature air properties for
subsequent calculations:

gpSl SS = f (hSl PS)

h61 Tea gpe = f (SS’ Pe)

(Eq.163)

(Eq.164)
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TABLE 9 - uy/u = f (h, M sin 85)

Msin6s Msin6; Msin6; Msin6s Msind; Msind; Msin6; Msin6, Msin6; Msin6s M sin 64
Altitude' 4

6 8 10 12 14 16 20 24

28 36

0 0.207 0.161 0.139 0.121 0.111 0.105 0.102 0.090 0.082 0.082 0.085
50 0.212 0.171 0.147 0.128 0.111 0.104 0.101 0.090 0.078 0.076 0.080
100 0.211 0.168 0.142 0.118 0.102 0.097 0.094 0.080 0.071 0.067 0.077
150 0.208 0.177 0.129 0.103 0.093 0.091 0.083 0.072 0.063 0.062 0.067
200 0.206 0.164 0.129 0.101 0.087 0.080 0.078 0.065 0.059 0.058 0.068

5.6.2

250 0216 0175 0145 0114 0093 0083 0086 0070  006Q 054  0.059
300 0212 0172 0.147 0106 0.089  0.082  0.072  0.067 _ 0.056 049  0.041
' In thousands of feet.
(Continugd):
Parameters ue, hy, Ue, Nre s are determined by procedures previously described. T; , gp; , and
u, are eyaluated at the local pressure and entropy and k? Values.
To perform the mass balance needed to locate the entering stream, the following boundary
layer parmeters are needed:
213 .
5, = —>oXo [ g (Eq.165)
ap stk /h ) [(h.=h,)
The displacement boundary layert. thickness is
5 — |55, (Eq.166)
S,
where:
5, | (holH,)+3.36(h, /h,)-1.376
8, Lth /h )3 36(h /h )+470 (Ea.167)
N 2/3
= 0.663xgNp, (Eq.168)
gpeue(hr _hw)
Nreo = 9Pl (Eq.169)
He
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5.6.2 (Continued):

For any assumed shock angle 6, all the above calculations can be performed. A mass balance
residual is then computed:

AM =122 )gp U —gpeue(d—8%)(2r ) (Eq.170)

where:

4 and o* are the velocity and displacement boundary layer thickness for either laminar or
turdulent flow

The first ferm on the right-hand side represents the mass crossing thershock at fadius rs when
the shock angle is measured. The functional relationship between.rg and 65 for g given
freestream Mach number can be determined from the shock shap€s given in Pgragraph 5.4.
The secand term on the right-hand side represents the mass flow through the bpundary layer at
the point

During the iteration process, the mass balance residual,»AM, is used as the dependent variable,
and rs asthe independent variable.

5.6.2.1 Turbulgnt Flow, Zero Mass Addition Option: For turbulent flow, the momentum thickness 6
enters into the calculations:

. 0.8
0, = O.[(Ziz'le - {J‘ogpeue[z.zs+1.zs(s,/e,)1 .ueo.zs(eyk )1_25 dS} (Eq.171)
gPels
where:
\08 /7 \02
e —| 9Pe He (Eq.172)
gdPe He

For (hy/he). <6:

31 _g, (1.29 hw | 1) (1.51ﬁ - 0.51) (Eq.173)
01 h, he
O _14+[1.20M 4 1).[1.04 ™ _0.04 (Eq.174)
0, h, h,
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5.6.2.1 (Contin

For (h/he) >

ued):

6:

Ot is ob
the bod

8—T=8+(1.29h—w £1+302 / ] (Eq.175)
eT r
5. < L1.29 - L. 'h J (Eq.176)

tained by integrating from the stagnation point to the point, evén'thoug
y preceding the point may have been laminar.

h the flow along

Velocity and displacement boundary layer thicknesses are
51
ST = — GT (Eq177)
01
* 8:
O, =| =16, (Eq.178)
9T
5.7 Boundary llayer Transition:
The boundgry layer during certain critical portions of the entry trajectory will become or begin to
become tufbulent. With transition from laminar to turbulent flow, large increases ¢ccur in skin
friction, heg irca 1968)
understanding of transition.in a hypersonic boundary layer is far from adequate. Literature
surveys reyeal the massive effort, both theoretical and experimental, that has beegn exerted to
solve the t '

However, the
high Mach numbers (about 20).

Regardless of the Mach number restraint, further practical arguments demonstrate the difficulty in
using a theoretical approach to the transition problem. Even a nebulous difference between
critical Reynolds number appears to be significant.
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5.7 (Continued):

A correlation, which appears to collapse the available test data as well as any other that is
examined, is based on using Nge o/M as the dependent variable and (hW/hadW)”2 as the entry
argument. The following equation was used to determine the Reynolds number based on
momentum thickness:

0.664 h %%
= OO (o)™ () (Eq.179)

e (v 2k)™ h*

Figures 138 and 134 show a successful correlation useful for design application. [Figure 133 plots
the data adainst (hy/haaw)"’?, Whereas Figure 134 plots the same data against (hw/haqw). It appears
that the compressed enthalpy parameter yields slightly less scatter than'kigure 134. The line
through thg data was determined by a least squares fit. Both curves show increasing Reynolds
number of fransition with increasing local Mach number, an observation made by humerous
experimenters. Further, the correlation presented is for nonmass-injection conditipns and for very
low angles|of attack. A reduction by a factor of 2 in the values,presented have been observed. In
all cases, gxtreme caution must be taken against the universal use of the data in Figures 133 and
134.

380

340

260 7
220 - /
o -
180 &
140 (o] ]/L/
X

0.2 3 4 5 .6 a
(hw/hww )Vz

NR.,O/M

FIGURE 133 - Transition Reynolds Number as a Function of
Mach Number and Wall Cooling
(Subscript ADW Means Adiabatic Wall)
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5.8 Stagnation

The velocit
configuratid
evaluation

0
340
/)g
// °
S 260 2%
\q> /
g M
o A0
Z 180 -
IOO/&
0.05 15 25 35 45
hW/hadW

FIGURE 134 - Transition Reynolds/Number as a Function of
Mach Number and\Wall Cooling

Region Velocity Gradient:
y field in the vicinity of the stagnation point of an axisymmetric or two-d

N is normally defined as the velocity gradient. It is a necessary param
pf stagnation point (region) heat transfer. It is defined as

imensional
eter for the

(Eq.180)

(Eq.181)

The preceding relations and Figure 135 are for hemispherical configurations only. For cut
hemispheres, the velocity gradient values presented in Figure 136 should be used. For cut
hemispheres and radius hemispheres, velocity gradient values from Figures 136 and 137 should
be used. For cylindrical configurations, divide the above relations by a factor of 2.
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FIGUYRE 135 - Stagnation Point Velocity Gradients:y(From General Electric [Data)
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FIGURE 136 - Stagnation Point Velocity Gradient for Cut Hemisphere Family
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FIGURE\137 - Effect of Corner Radius on Stagnation Point
Velocity Gradient for Flat Faced Cylinders

5.8 (Continued):

Another convenient parameter for the evaluation of shock layer thermal radiation is stagnation
region shock detachment distance Ax. At hypersonic Mach numbers, Ax may be approximated as
Ax = 0.1r, (for hemispherical configurations). It was given in Figure 128 as a function of density
ratio gp../gp;. For cut hemispherical noses, utilize Figure 138.
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6.

6.1
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This section
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step by step

provides methods and technigaes for a large number of contemporary problems.
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FIGURE 138 - Correlation for Shock Detachment Distance for
Blunt-Nosed Axisymmetric Forebodies of Cut Hemisphere Family

T TRANSFER PREDICTIVE METHODS:

brovides methods and techniques for defining the convective and the S
tion environment of ballistic.and lifting entry systems. In several cases
pxpressions for aerodynamie heating are made to provide the designer
on or approximation useful for estimation purposes. This section does
procedure for the solution of all aerodynamic heat transfer problems. |

ective Heat Transfer/Continuum Flow:
ntry vehicle systems, the thermal protection subsystem is primarily des

dynamic environment of forced convection in the continuum flow regin
peities less than 26,000 ft/s, shock layer thermal radiation is normally n

hock layer

, simplifications
with the degree
not provide a
However, it

igned by the
ne. For entry
egligible and

h chackad anh v anproyxdmatalbr faoraaech-docian and ite intandad traincta

needS tO bu CHCORC OOy PP T oA T atCry o catim ot oSigrianmaTto oo T U—tiajCc Cto

ry. For

velocities in excess of 26,000 ft/s, shock layer thermal radiation should always be carefully
estimated and included with the convective heat transfer. For lifting entry vehicles or for entry
satellites, low-density flow corrections to continuum flow aerodynamic heat transfer results should
be checked to determine their potential significant contribution to the continuum thermal pulse.
The problems of heat transfer at angle of attack for both ballistic and glide entry vehicles should
be estimated to ensure that a condition of entry vehicle pitch or yaw motion is not in frequency
with spin rate so that one side of the vehicle is exposed at high angle of attack and high heating
rates for extended periods of time.
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6.1.1

Stagnation Point Heat Transfer: For stagnation point heat transfer predictions the method of
Lees (Reference 22) for air in thermodynamic equilibrium, modified by evaluation of the local
thermodynamic air properties at a reference enthalpy rather than at the edge of the boundary
layer, is valid for velocities equal to or less than 26,000 ft/s. The Lees method with a coefficient
change is recommended for rapid design evaluation because of its simplicity. The stagnation
point heat rate according to the modified Lees solution is given by

. 0.5V2 [du ] p*gu*
Q= —Zm 4/9PM |2 | —(h=h,) (Eq.182)
Ne' VT lds), Vpgom o

A Prandtl number of 0.72 is used. Thermodynamic properties are obtained fron tables for air in
chemical|equilibrium for the predicted stagnation pressure and enthalpy;A curye fit to the
National Bureau of Standards (NBS) calculations is used to describe,the variation of viscosity
with temperature, presented in Reference 22 as

n=2.49x 107 (T)*0%° (Eq.183)

The starred quantities of Equation 182 are evaluated at the values of the predicjed pressure
and the reference enthalpy, where for any point on the-surface

2

h* =05+05 h—‘” +0.22r Ue (Eq.184)
he ha 2Jgh,
At the stggnation point, Equation 184 is<reduced to
h* h
h_°:0'5+0'5h_g (Eq.185)

where:

h? + Boundaryedge enthalpy at the stagnation point

e

The velogity gradient is determined according to the procedures in Paragraph 5|8.

A comparison with results from the theories of Fay and Riddell (Reference 23) and Scala
(Reference 24) to determine both the level and the trend of predicted to observed heat transfer
with increasing velocity with these theories shows less than a £10% deviation for velocities up to
26,000 ft/s. (See Appendix, Paragraph 6.3.1.)

A simplification of the modified Lees relation suitable for design purposes is given in the
Appendix, Paragraph 6.3.2, as (Equation 286)

q="f(9p..)"°n..>° (Eq.186)
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6.1.1

(Continued):

where, for hy, =0,

N Yo v=1 la.) \r

00 n

1.85x10° 1) N (w )V° 1
f = [Yw‘] .[“J [“_oo} il (Eq.187)

For constant values of y.. = 1.4, y= 1.2, Np, = 0.72, and T.. = 500 °R, Equation 186 becomes

gy, =316 x107% (gp..,)*°u,.>° (Eq.188)

Equation|188 has been evaluated and the results presented in Figure 139 for a range of
altitudes from 35,000 to 300,000 ft and a range of freestream velocities from 60p0 to
26,000 ftfs.

ol

(o]

100,000 200,000 300,000
ALTITUDE, FT

FIGURE 139 - Approximate Stagnation Point Heat Flux, T, = 0 °R

The effects of nonzero wall temperature on the stagnation point (and turbulent) heat flux is
given in Figure 140 (Reference 25).
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6.1.1.1

Stagna
section
transfe
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FIGURE 140 - Nonzero Wall Temperature Correction (y=1.2)

ion Point Heat.Transfer for Blunt Axisymmetric Configurations: In the
relativelysimple analytical methods were presented for determining c
for hemispherical forebodies in hypersonic flow. For data on blunt for
other than hemispherical, empirical correlations are based on experim
hemisphere” family of blunt forebody shapes, including concave and |
tremes. These correlations are first approximations, pending more ex

4 6 8 10
2 Jgh,/u2

preceding
pnvective heat
ebodies of
ental data for
emispherical
ct

determination by flow field computer program or experiment for the particular configuration.

The correlations are limited to forebody shapes of the “cut hemisphere” family in which the
forebody surface is a section cut from a hemisphere. The logical dimensionless shape
parameter is r,/r,, where r, and r, are defined in Figure 141.
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FIGURE 141 - Forebody Surface as a Section Cut from a Hemisphere

6.1.1.1 (Continued):

Three gpecial cases and their corresponding values of r/r, are.illustrated in Figure 142. A
negative value of ry/r, indicates a concave nose.

HEMISPHERE FLAT FACE CONCAVE
rb/'n'l rb/rn=0 rb/rn=—|

FIGURE 142 - Three Special Cases

A convénient way of representing the effects of bluntness on the dependent parameters such
as heaf flux or velocity gradient is to present dimensionless ratios in which thg results are
normalized with respecttoe-the corresponding values for a hemispherical nose|of the same
gross outer dimension, . For example, stagnation point heat flux can be given as §; / (4t )nemi>

where (g; )hemi iS-based on a nose radius of r,. This form of presentation minimizes Mach and

Reynol@s number effects which might otherwise be significant if the actual dimensional
dependent variables were correlated.

A corretatiorrof stagnationpointheat fiox-for-btunt asymmetric forebodies-of-the cut
hemisphere family is given in Figure 143. The value of §; is the experimentally determined
value of stagnation point heat flux for the particular forebody geometry as defined by ry/r..
The value of (§;)nemi IS the theoretical value of stagnation point heat flux of a hemispherical

forebody whose nose radius r, equals the body radius r, of the model being tested, and was
computed at the test conditions from the modification of the Lees expression, Equation 182.
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6.1.1.1

6.1.1.2

(Contin
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FIGURE 143 - Stagnation Point Heat Flux for Cut-Hemisphere Family
ued):
htum point plotted on Figure 143 (Reference 26) is the average of seve

nce 26), which is(plotted as (§; / 4 )hemi = 0.59 is actually the average
values range from 0.42 to 0.73. Cross plots of §; / (Qt)nemi VErsus M..
brnible Mach or Reynolds number effects within the scatter of data.

pe values of §; /(q;)nem; for the concave nose marked “unsteady flow”

flow insltability phenomenon which is characteristic of concave noses.

ral points of
Ib in Figure 143
of five points

ANd Nge .. Show

are due to a

Stagnation Heat Transfer at Velocities > 26,000 ft/s: Although radiative heating increases
rapidly with flight speed and can become a serious problem at speeds much in excess of
26,000 ft/s, depending upon body configuration and size and nose bluntness, convective
heating is, for many practical flight cases, the dominant heat transfer mechanism. Methods
for determining aerodynamic heat transfer at lower speeds, particularly for simple
hemispherical shapes, were given in the preceding section. At higher speeds the primary
concern is adequacy of the extrapolation of lower-speed theory and whether new phenomena
enter whose effects are sufficiently in doubt to make extrapolation uncertain. At these higher

speeds

, air ionization in addition to air dissociation is significant.
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6.1.1.2 (Contin

ued):

Convective heat transfer in partially ionized air has been examined by several investigators
(References 27-36). Adams (Reference 27) estimated the heat transfer increase due to
ionization in a frozen boundary layer, using a Lewis number of unity for the atoms and 2 for
the ion-electron pairs, with a thermal conductivity proportional to the one-half power of the
temperature up to 8000 K, and the five-halves power above that. He found that up to
45,000 ft/s, there was a maximum increase of 30% above the extrapolation of lower-speed
theories. Three other mvestlgatlons (References 28-30) have dealt with the equilibrium

“equilib
include
somew

Heat tr
by Pallg
his com
Pallong
found g
of 2.5)
no such
charge;
than the
had an
to two ¢

Experin
theorie
are pre
data, cq

somew
extrapo
the res
regime
recomn

ium’ transport propertles in WhICh the contrlbutlons of dISSOCIatIOn ang
d in the specific heat and thermal conductivity. The results indicate he
at less then those found by Adams (Reference 27).

insfer in ionized nitrogen has been studied by Scala and Warren (Refg
pbne and Van Tassell (Reference 33), also for thermodyhamic equilibriu
puted values of nitrogen transport properties as described in Referend
and Van Tassell use transport properties developed by Yos (Referend
very rapid rise in heat transfer above 30,000 ft/s, leading to values lar
han the other theories at 35,000 ft/s. Pallone.and Van Tassell (Referg
effect, and attributed the differences to different transport properties.
exchange cross section for N - N* collisions which is two orders of ma
p one used by Yos, and a N, - N* cross section one order of magnitudg
najor effect on the equilibrium thermal conductivity, resulting in Scala’s
rders of magnitude above Yos’value in the range 10,000 to 20,000 K.

nental data included in References 28 to 30 agree generally with the rg
5. The results of several investigations for air and for typical CO, and |
sented in graphical ferm in Figures 144 and 145. A summary of variou
pmpared with theory;-are also presented in these two figures. From thg

nat simplified form of the heat transfer parameter g,/r,p; is obtained W
lation of lower-speed theory. From the experimental data scatter, it wd
Ilts of Figure 145 are adequate for engineering purposes in the excessg

and for-the entry heating analyses of planets Mars and Venus. They &
nended for design purposes.
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FIGURE 144 - Hypervelocity Stagnation Point-Heat Transfer in Simulatgd
Planetary Atmospheres.in'a Shock Tube
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6.1.2 Local Laminar Heat Transfer: Methods for predicting aerodynamic heating level and distribution

for an axisymmetric configuration are those of Lees (Reference 22) and Kemp and Detra
(Reference 36). These were developed by applying local similarity methods, that is, by
neglecting the effect of the tangential pressure gradients on the velocity profiles.

A modification of Lees method is given by

2
2222 {gp* M*]
Q5N Lo
Nu = * ok
v [ gpouur? [gp " lds
0 9pPH,
where:
Nng = GoNer
He(hr _hw)
It is convenient to define
* * 2
(gp )2u2r232 [gp u ]
N* . § ° gpe!"le
Re,s ™~ .4 * %
Jgpu.u,r? [gp . ]ds
s 9PeHe
Combining Equations 189 and. 191 gives
1/3
NNu = 05\7§Pr N;e,s

of the lo

| flow’parameters ue, hs, and gpe.. As shown in Paragraph 5, it is impg

(Eq.189)

(Eq.190)

(Eq.191)

(Eq.192)

urate definition
rtant on long

laminar rbn$or on slender cones, where x/r, exceeds 10 to 15, to account for the external

The accgczacy ofithe results of Equation 192 is strongly dependent upon the acc

inviscid flow field entropy layer, rather than to assume isentropic expansion, to obtain the local

flow quantities.
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6.1.2

(Continued):

An evaluation of aerothermodynamic heat transfer requires a knowledge of the inviscid flow
field, particularly a knowledge of the pressure distribution impressed on the surface of the body.
For purposes of preliminary design this pressure distribution must frequently be assumed and
initial estimates of aerodynamic heat transfer made. In evaluations of test data it is often
inconvenient to measure the pressure in addition to the heat transfer (temperature) and
therefore the pressure distribution again must be assumed. When a great many values are
involved in the evaluation of test data (flight test data, for example), although the pressure may
have been mnacllrnr{, itis often convenient to use an assumed pressure distribution for the
calculatign of theoretical heat transfer and then correct the initial values. For th¢ conditions
described above the possibility exists of obtaining the theoretical heat transfer bly using one
pressure[distribution while preferring to obtain it by using another different-presgure distribution.

A readily[applied pressure variation correction to the heat transfer calculation has been
developed by Walker (Reference 25). Results for laminar flow are‘given in Figures 146 and
147.

(42/tn)g

1.4

1.3

I | | I \ |
0.7 08 09 10 1.1 12 1.3
Pe, 2/Pe,1

FIGURE 146 - Effects of Moderate Pressure Variations on Laminar Heat Transfer;
v=1.2, P,= PP,
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6.1.2

(Continu

The distripbution of local laminar heattransfer over a hemisphere is adequately g

2.0 | |
Pe, 1=0.005
1.75— 0.01 —
_ 0.04 0.02 <008
3 ' 0.10
_ 0.06 —
> 15
0.15
1.25— —
0.2 \
| L
1.0
1 2 3 4 5
Pe, 2/Pe, 1

FIGURE 147 - Large Pressure Effects on.Laminar Heat Transfer;

y=1.2, P,= PP,

d):

redicted by the

modified method of Lees (Reference 22). For a hemisphere, the heat flux is mgximum at the

stagnation point and drops monotonically as expansion occurs around the body

It has be
the stagn
increase

n shown by several experimental investigations that blunting the foreljody decreases

ation point heat'flux, as shown in Figure 143. However, this advantag
n heat flux-as‘expansion occurs around the body (see Figures 148 thrpugh 150).

e is offset by the
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FIGURE 148 - Distribution of Laminar Heat Flux on a Flat Nosed Body
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FIGURE 149 - Comparison of Laminar Heat Flux Distribution
for Hemisphere, Flat Nose, and Concave Nose
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6.1.2

£ .
8 7’ ‘ ~
N
Q.71
6
0 2 4 6 8 1.0
s/sq

FIGURE 150 - Distribution of Laminar Heat*Elux for Several Blunt-Nose Badies
(Continugd):

Most of the available data are forlew supersonic Mach numbers. In Figure 148} somewhat
conflicting effects of increasing.Mach number are apparent in the data for M.. in|the region
between [f and 12 for a flat nose. Each datum point in these figures for free flight tests is the
average 0f several points.dbtained in the higher Mach number range of flight. Grossplots of
q/q; vensus M.. from'the free flight tests show no discernible Mach number effect within the

large scafter of data.

The theoreticalvalues of q/ q;obtained by the Lees method are given in Figuregs 149 and 150

(from Relerence 37), based on experimental pressure distributions. The Lees method can be

used for a reasonable first approximation of the laminar heat flux distribution on blunt
forebodies, provided the appropriate pressure distribution is used for the particular nose shape.
Precise calculations require a detailed and accurate pressure distribution. For design purposes
the results in Figures 148 to 150 are adequate.
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6.1.3 Turbulent Heat Transfer: The simplest method of predicting the turbulent heat transfer rate to a
blunt body in hypersonic flow is provided by the flat plate reference enthalpy (FPRE) method
(see Reference 38). This method, derived for a flat plate with a zero pressure gradient,
combines the Blasius turbulent skin friction relation, Eckert’s reference enthalpy compressibility
concept, and Colburn’s Reynolds analogy. In terms of a Nusselt number and Reynolds number,
the FPRE method is given by

Ny, =0.0296(N, J"* (N, ,)°®

(Eq.193)

where thJa Nusselt number is defined as

and wher

where:

m

The starr
reference

where r i

N QiNp,S
Nu=—7"—
He(hr —=hy)

e the Reynolds number is defined as

i IPeleS 125
NRe,s e T
Ue

02 )08
He 9Pe

ed quantities are evaluated with the local value of pressure and the log

enthalpy

2
Ue

2Jgh

il =05+05 h—W +0.22r
he he

e

b assumed to be 0.896. The FPRE relation for turbulent heat transfer n

(Eq.194)

(Eq.195)

(Eq.196)

al value of the

(Eq.197)

nay be
ethod of

simplified

; formaximum heat transfer rate see Appendix, Paragraph 6.3.3. A m

predicting the turbulent heat transfer rate for an axially symmetric body with finite pressure
gradient is given in Reference 39. In this derivation the Blasius flat plate skin friction relation
and a modified Reynolds analogy have been used. The momentum and energy integral
equations have been solved without resorting to explicit assumptions for boundary layer velocity
distribution, the enthalpy-velocity relation, or the value of the Prandtl number. This solution

yields:

_0.0296gp,u, (1,r*)°®e(h, —h,,)

. 0.2
N§3[Iogpeuai32*12“ds}

T

(Eq.198)
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6.1.3

(Continued):

where:

k =
k =

0 for a two-dimensional body
1 for an axisymmetric body

To consider the altitude and freestream velocity effects when qu°'2 is maximum with respect to
pressure P./P; it is convenient to use the approximate turbulent flat plate reference enthalpy

equation

Tw =0 °R. This equation becomes

(475%% )max = 426 x1078(gp...)%8U_3°
T max

For constant values v..= 1.4, y=1.2, Np, = 0./2, T.. =500 °R, and

(Eq.199)

Figures 151A and 151B show this equation for rapid prediction purposes. As in|the case of
local lam|nar heat transfer distribution, it is convenient for the designer to have @ rapid method
of evaluating the effect of another pressure distribution on4he local turbulent hept transfer.
Figures 152 to 154 provide corrections to the local pressure ratio. Pressure effects on heat
transfer gre given in Figure 153 for small variations in_pressure ratio and in Figure 154 for large
variationg in pressure ratio. Note that in the previous approximations for local Igminar flow and
turbulent|flow, local flow properties were determined by assuming isentropic expansion from the
stagnatiop point to the local pressure.
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FIGURE 151A - Approximate Turbulent Heat Flux, T,, = 0
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FIGURE 151B - Approximate Turbulent Heat Flux (Continued from Figure 151A)
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FIGURH 152 - Pressure-Function Ratio for Approximate Turbulent Heat Flux, T,, = 0 °R
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FIGURE 153 - Effects of Moderate Pressure Variations on
Turbulent Heat Transfer; P, = Po/P; ,y=1.2
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6.1.3.1

FIGUR
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[ 154 - Large Pressure Effects on Turbulent HeatJransfer, 56 = P./P;

nt Boundary Layer Correction at High Reynolds Numbers: In most an
nt flow a modified form of the Blasius flat-plate skin friction coefficient is
e of its algebraic simplicity. For the range of Reynolds numbers from 1
pwever, for Reynolds numbers greater than 107, the Blasius equation li

ultz-Grunow relation (Reference 41). However, the algebraic form of t

equatiog
restrict

In the past, local Reynolds/numbers occurring on blunt-nosed entry vehicles
exceeded a value of the-order of 10”. Recently, however, missions have beer
relative]y sharp conical configurations on which the Reynolds number reaches
and higher. Therefore, although the current turbulent heat transfer method us
programs is vatid for blunt-nosed vehicles, the range of validity may be excee
conical|configurations.

n is rather unwieldly formest applications. Therefore its use has usua
d to flat plate conditions:

vy=1.2

blyses of
employed
0° to 107, the

equation is in good agreement with;the incompressible skin friction data (Reference

es below the

bood agreement with the data ‘ever the entire range of Reynolds numbers is given by

he latter
ly been

ave not

defined for

the order of 108
ed in design

led for sharp

The Schultz-Grunow equation can be approximated, for Reynolds numbers greater than 107,
by an equation of a relatively simple algebraic form. With this simplification, a correction is
derived which can be applied to the current heat transfer calculation to account for the
invalidity of the Blasius equation in turbulent flow at high Reynolds numbers. The
simplification is given in the Appendix, Paragraph 6.3.4.

The change of skin friction coefficient with Reynolds number is given, for design purposes, in
Figure 155. The high Reynolds number correction becomes significant for e4Nges > 107,
where ¢y is defined by Equation 312.
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6.1.3.1

6.1.3.2

102
- (Eq. 310)
s \\___— _\
\‘_ 0 E ='\ \
(&) C
; W=
L SCHULTZ-GRUNOW BLASIUS
IO"‘ Al 111l Lol 1 llllllll Lolan IS E It
10° 0% 10" 10° 10° 10
NRe,s
FIGURE 155 - Incompressible Flat Plate Skin Friction Coefficients, Turbulenf Flow
(Continped):

To estiate the value of ey (for example, for conditions characteristic of the ca

arelati
is estim
signific
that obt
numbe
vehicle
signific
cases |

Pressu
friction
been ds
compreg
and var
compre
Equatig

Since t

ely pointed configuration, it is found that hy/he 24 and V = 20. From tl
ated to be about 1/10. Consequently the high~Reynolds number corre
hnt for compressible flow at a value of Nges that is an order of magnituc
ained for incompressible flow. On the ¢@nical portion of the vehicle, th
correction is not expected to be significant for Nge s < 108, On the blu
ey has a value of about unity, so that the high Reynolds number corre
ant for Nres < 10”. The value of-s on the blunt portion is usually so smj
Ire.s Will not reach 107

and heat transfer forithe case of finite pressure gradient and varying gs
prived only with thesfundamental assumption that the momentum form
ssible flat plate(skin friction coefficient equation is invariant for finite pr
ying geometry(Reference 39). A similar method has been derived for

n 60 in‘Reference 41.

ne-method of Reference 38 is frequently used for design estimates of t

transfet,

nical portion of
nese values, ey
ction becomes
le higher than

e high Reynolds
ht portion of the
ction is not

hll that in most

re-Gradient and Varying.Geometry Effects: A method of determining the turbulent skin

bometry has

pf the Blasius
pssure gradient
the

ssible Schultz-Grunow equation as given in the more convenient approximate form of

Urbulent heat

it1s maore convenient for the pnginppr to use the ratios of Reference 38 rather than

those of Reference 39. For the case of zero pressure gradient, the results are

where:

K
k
k

9 _(094)K
ds

is given by Equation 319 in Paragraph 6.3.4
= 0 for a two-dimensional body
= 1 for an axisymmetric body

(Eq.200)
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6.1.3.2 (Continued):

6.1.3.3

Also,

and

St _(094)K
Cip
0 k
2 (0.985)%(0.921)K
B

For the
analysi

engine¢r may assume that the ratios given in Equations 200 to 202 areyappro

for the

Proced
signific
8HNRe,s
relative
Reynol
conical
transfe
NRe,s =

It is reg]
skin frig
Equatic
0 for tw
term ey

These

value o
correct
correct
correct
wherea

case of finite pressure gradient and varying geometry, the results of th
5 yield trends that are similar to those of Reference 39. For engineerin

peneral case of finite pressure gradient and varying geometry.

re: The flat plate turbulent heat transfer relation used‘for design estin
antly underestimate the correct heat transfer rate prediction when the g
> 107. The value of g4 has been estimated to be.about 1/10 on the cor
y sharp vehicles, and about unity for spherical portions of vehicles. TH
Is number correction should be applied at a-Reynolds number, Nge s Of
sections and about 107 on spherical sections. For example, a 20% ing
rate ig predicted on a conical section for Nges = 4 X 10%, and on a sph
4 x 10°.

tion, and momentum thickness be calculated for the approximate equa
ns 200 to 202, respectively:” In these equations, k = 1 for axisymmetri
o-dimensional bodies. The function K is given by Equation 319, Parag
is defined in Equation 312, Paragraph 6.3.4.

corrections should be applied (to the method of Reference 39) when th
f enNRe s IS exeeeded. For a two-dimensional body, the skin friction anc
ons should‘be applied when gyNge s > 107, whereas the momentum thi
on should be applied when g4Nges > 3.26 x 10”. For an axisymmetric |
ons-for'skin friction and heat transfer should be applied when eyNge s >
s(the correction for momentum thickness should be applied when g4Ng

(Eq.201)

(Eq.202)

e present
g purposes, the
Kimately correct

hates will

roduct

ical portions of
erefore the high
about 108 on
rease in heat
brical section for

pmmended that the high Reynatds number correction for turbulent heat transfer rate,

tions given by
c bodies and k =
raph 6.3.4. The

e appropriate

| heat transfer
ckness

body, the

2.52 x 107,

es > 4.10 x 107

For hand calculations, e, can be approximated by assuming gp*/gpe = (h*/hs)°*” and p*/u, =
(h*/he)®, so that ey = (h*/he) ™.

The boundary layer thickness ratios 6/6 and 6*/6 are relatively insensitive to the particular
velocity distribution law which applies. Therefore the results determined in Reference 40 for
8/0 are considered to be independent of Nre s and consequently remain unchanged.
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6.1.4 Entropy Gradient Factors for Sphere Cones: Results in Figures 156 and 157 give an
approximate indication as to where transition occurs from blunt to conical body heat transfer,
that is, the region over which the assumption of isentropic expansion to obtain local flow
parameters is no longer valid. Isentropic expansion of the flow from the stagnation region to
locations downstream (to obtain local flow properties) is an inaccurate technique in the
presence of a strong vorticity layer. A method for evaluating entropy gradient effects on heat
transfer is provided in Paragraph 5.6.2.

1.2

g
S ol8 —
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= ol ALTITUDE . ‘WELOCITY | —
& o 151,000FT- 21,700 FT/SEC
' 0|4 s~ 105,000 21,500 —
p o 72,700 20,600
olo th=10IN  0.=9DEG| _|
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FIGURE[156 - Entropy Gradient Effect on Convective Heat Transfer Over Sphere Cones
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FIGURE 157 - Entropy Gradient Effect on Edge Reynolds Numbers Over Sphere Cones
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6.1.4

6.1.5

6.1.5.1

(Continued):

Figure 156 presents the convective turbulent heat flux parameter over the surface of a sphere
cone for various altitudes at a velocity which is almost constant. The heat flux parameter
(@-9p)/(4, —qp) was used for correlating the results over the body because normal shock

heat transfer becomes important at low values of x/r, and negligible at high values of x/r,.

Figure 157 is a similar comparison of Reynolds number at the edge of the boundary layer over
the surface of the cone. The effect of altitude becomes evident at 0 < x/r, < 25. This effect is

attributed
The dash
thicknesg

thicknesg.

Heat Tra
transfer r
the body
(motions
paramete
consider
of attack

Engineer|
heating f¢
conical b

Laminar Regime, Windward Ray: A parameter which correlates the available

transfe

In thesé angle-of-attack correlations, the local properties employed are based

0 a thickening of the boundary layer along wi

; the solid line is for a boundary layer thickness equal to about 1/10.th
nsfer at Angle of Attack: Hypersonic entry configurations-experience v
ates due not only to the nature of a reentry trajectory, but also due to
itself, typified by any combinations of motions such‘as spinning, wobbl
rs, such as varying center of gravity, coning, and separation, increase
and circumferential variations (at angle oftattack) on the heat transfer 1
ng methods are presented to predict-the effect of angle of attack on th

pr both laminar and turbulent flow.and the circumferential variations for|
pdies. These methods are baséd on the analyses of References 42, 4

data within £15% for the‘laminar regime, windward ray is:
(@ _ J(ZK +1) (gp"wu,),  (h, —h,),
(qL )uzo 3 (gp*u*ue )(x:O (hr - hw )(x:O

expans

pressure:

on frem the stagnation conditions on the aft side of a normal shock to

maintaining the same| shock shape.
ed line in the figure is for a boundary layer thickness of the order of.the shock wave

shock layer

brying heat
he gyrations by
ng, or tumbling

about each of the three body axes). Body motiofis/caused by any nunpber of

5 the need to

not only the trajectory variation of the heat transfer rates, but also the ¢ffects of angle

ates.

E convective
sharp and blunt
3, and 44.

convective heat

(Eq.203)

on an isentropic
the local surface

In Figure 158, heat transfer experimental data available are compared with the correlation
(Equation 203). Agreement is within approximately £15%.
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FIGURE 158 - Heat Transfer Data Correlation at Angle of Attack
for Windward Meridian,l.aminar Region
6.1.5.2 Laminaf Regime, Leeward Ray: A parameter that correlates the available data (with more
scatter than the windward ray) is (Reference 44)
.((:]L)@ :\] (cos T)(?P*H*ue) _hy=hy)y (Eq.204)
(qL)()/_ZO (gp P ue)(\a:O (hr _hw)(\e:O
The legward data show considerable scatter relative to the correlation developed in Reference
44. The correlation-employed represents a recommended engineering methogd for limited
usage. | Furtherinvestigations and additional data are required for this case (laminar-leeward)
in order to develop a more suitable correlation (Figure 159).
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FIGURH 159 - Heat Transfer Data'‘Correlation at Angle of Attack for Leeward Nleridian,
Laminar Region (Note: \Numbers Beside Symbols Denote X/r, Values; So¢lid
Symbols Denote Extrapolated Data)

6.1.5.3 Turbulgnt Regime Mindward Ray: A turbulent windward parameter correlatign which
correlafes the experimental data within approximately £15% is (see Referencegs 42 and 45)

(@), _ [(@p*u )" (u*)’], (1 25K+1] (h, —

Lo\ rL * 0.8/, #1021 fo Yo~ Lo |. (Eq205)
Otz NOP Y] () oo U 229 JUuh— 1y
where:
sina cot 6,
K=1+—————— (for windward side) (Eq.206)
cos (a+6.)
K= Scos(a-1) (for leeward side) (Eq.207)
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6.1.5.3 (Contin

This co

ued):

rrelation is presented in Figure 160.
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1 | . 4 20 10 0
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(91)o/ (A7)0 = 0
(As dlefined by Eq. 205)
FIGURE 160 - Heat Transfer Bata Correlation at Angle of Attack
for Windward Meridian, Turbulent Regime
6.1.5.4 Turbulgnt Regime, Leeward Ray: The leeward correlation is of the same formn] as the
(turbulgnt) windward (Reference 44). Test data are compared with the correlgtion in Figure
161. The data generated fall substantially below the mean curve of Referencg 44; it is

recomn
lower ¢
region
on the
as poss
interpre

Lirve represents a reasonable value estimated by assuming the approx
riteria (approximately 60% of the attached flow value). However, the

eeward-side laminar regime also incorporate boundary layer transition
ible.separation effects. Since the separation and transition effects obs
tation of these data, a mean line is constructed which provides data ag

nended that the upper limit curve be used as an engineering correlation curve. The

imate separated
jata plotted as
effects as well
cure the
jreement within

approximately £20%, representing a suitable engineering solution. (Further investigation,
including additional reliable data for the turbulent leeward regime, is required.)
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FIGURH 161 - Heat Transfer Data-Correlation at Angle of Attack for Leeward Neridian,
Turbulent Regime (Note: “Numbers Beside Symbols Denote x/r, Valuesd)
6.1.5.5 Angle df Attack, Circumferential Variation: An expression for circumferential Heat flux
variation is (see Reference 44)
' W, -L W,+L, -2 W, +L,+2
@a =—9 9cosp+——3 —cos2p+—— 3 — (Eq.208)
(q)(x:O 2 4

A comparison of the results of Equation 208 with experimental data, References 42 and 45, is

given in Figures 162 and 163.
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FIGURE 162 - Variation of Heat Flux Ratio Circumferentially
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EIGURE 163 - Variation of Heat Flux Ratio Circumferentially

6.1.5.5 (Continued):

A length effect (x/r) is apparent in the data. The data, excluding the side ray, is found to be
within approximately £20% of the zero angle of attack value when correlated by Equation 208.
Since the circumferential expression utilized, Equation 208, does not adequately reflect the
length effect on the side ray, correction factors are required. Approximate expressions for the
side ray (¢ = 90 deg) ratioed to that at oo = 0 deg are as follows:
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6.1.5.5 (Continued):

For 10 < x/r, < 50:

(9.) . [x/r
(Sy), =—=1+|sin o (1(0.05a) (Eq.209)
e (qL)cxzo 60
For x/r, > 50 (laminar flow):
(Sq). = Qe _14 001 (Eq.210)
(9 oo
For x/r|> 50 (turbulent flow):
(S =91k _4_0.0150 (Eq.211)
(qT )oc:O

Incorpdration of the above expressions for the side ray:length effect improves|the
circumferential variation for all rays within the £20%0f the zero angle of attack value.

Incorpdrating the length effect of Equations 209 through 211 into Equation 208 gives the
following engineering relation:

: W, -L W, —L, +2S,
B P B 4 cos ¢ +=1——cos 20 +

qa:O 2

W_+L_ +2S.
—9 "9 "¥4 (Eq.212)

6.1.5.6 Application of Method: The-heat flux on cones and the conical section of blunt cones can be
determined for any meridian in terms of the heat flux at zero angle of attack for the particular
station under consideration.

First the heat flux'at zero angle of attack is determined by the best method available, that is,
incorporating entropy gradient effects and other pertinent considerations as pfeviously
presenfed...Then the heating on the windward and leeward meridians can be found by utilizing
Figureq 168 through 161; however, the local properties used may be considergd fictitious,
since for all cases (including sharp cones) the Tocal conditions are evaluated based on the
normal shock type of solution. Next, the heating can be evaluated on any other meridian by
utilizing Equations 209 through 212. The resultant step is illustrated by

(A0 )o =(.q°‘ j “Go-0 (Eq.213)
q(XZO o
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6.1.5.6 (Continued):

The angle of attack heat transfer ratio as given by the correlation parameters of Figures 158
through 161 are based on experimental data, and therefore include the angle of attack effects
on entropy gradient on the heating rate. The heat transfer at zero angle of attack should be
determined as accurately as possible.

Figures 164 and 165 permit rapid determination of the properties needed for the laminar
correlating parameter. Figure 166 presents the equivalent curve for the turbulent case.

1.0 -

0.8 —

06 [—

04

0.2 —

gp*Uo/(ap wrUs)max

0 - | |
0.002 0.005 0.01 0.05 0.1 0.5

Po/Py

FIGURE 164 - gp*u*Ue/(gp*5Ue )max Versus Pe/P; for T,, = 0°R for Isentropic Expansion from Pe*
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FIGURE 165 - Nonzero Wall.Temperature Correction on gp*u*U,
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FIGURE 166 - Pressure Function for Approximate Turbulent Heat Flux
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6.1.6 Protuberance Heat Transfer: Whenever the designer requires a probe or control surface on an
entry vehicle, he is confronted with the problem of thermally protecting the probe or
protuberance and protecting the localized surface area adjacent to the probe. Test data have
shown a strong interaction effect to occur in the neighborhood of these protuberances as a
result of the highly nonlinear vorticity, pressure, and flow field quantities.

The cause of the high heating zone on the body surfaces in the region adjacent to a
protuberance appears to be the formation of a high-pressure three-dimensional separation
region surrounding the obstacle. In the case of locally supersonic approach flow, an additional

pressure

increase-is caused hv the shock wave which farms around the nrotub
4 10

rance.

Subsonig
separate

The merg
vortices
high shez
the existe

Local floV
classes:

Class 1 (

flow studies (Reference 46) have shown the existence of strong rever;
i region (see Figure 167) which causes a high shear area ahead of the

—

7]///////////////[I///U/ﬂ7q//777//fl11f/_//'///,77

FIGURE 167 - Reverse Flow in Separated Region in Subsonic Flow
ing of this reverse flow with the approach flow causes the formation of]
vhich flow around the obstacle. A wake forms behind the obstacle, wit
ir at the wake centerline. Pressure surveys behind a cylinder (Referen
nce of a vortex on each side of the cylinder as far as 48 diameters doy

v and heat transfer effects in the interaction zone are divided into at lez

see Figure 168):

se flow in the
protuberance.

high-energy

h a region of
ce 47) indicate
vnstream.

st two general

(Eq.214)

FIGURE 168 - Class 1 Obstacle
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6.1.6

(Continued):

Class 2 (see Figure 169):

IA
—

(L/8)<1

o|r

(Eq.215)

In most {6
vicinity of
49. Inte
Referenc
Typical rg
usable fo
protubera
present.
of CH,T,t W
a turbule
body is n
a turbule
investiga

Nondime
figures sk
the cross

The inter
(Figure 1

Q

V-

S L

FIGURE 169 - Class 2 Obstacle

psts the protuberances are an example of Class 1.-{nteraction heating

data in the

cylindrical protuberances of the Class 1 variety-are available from References 48 and

5ts reported in Reference 48, the undisturbed-boundary layer was turbt
e 49 the flow was laminar. Cylinder diameters were also significantly ¢
sults are given in Figures 170 and 171. lnvorder to provide design infg

ilent and in
ifferent (larger).
rmation in a

rm, it is convenient to take the ratio of the local body heat transfer coefficient in the

nce region to the undisturbed localbody heat transfer coefficient with
For example, divide the measured.local values of Cy by the theoretica
hich would exist at the same location on a body with no probe present
nt reference value of Cy rather than the measured laminar values of th¢
otivated by two reasons: the probe normally causes transition of the s
nt shear layer, followed by turbulent boundary layer upon reattachment
ors use a turbulentireference value, even when the undisturbed flow is

hsional maps are‘given in terms of x/D and y/D for both diameters tests
ow generakagreement of results, which indicates that the interaction z
Lsectional area of the cylinder.

pctiontheating factors from Reference 49 are compared with the results
70)in Figure 172. Although somewhat higher levels of interaction hea

no protuberance
turbulent value
The choice of
e probeless
eparated flow to
: and most
laminar.

bd. These
one scales as

5 of Burbank
ing factors

resulted

rom the data of Reference 49, especially upsiream of the protuberance, the general
pattern is similar and agrees well 4 diameters downstream. Hence it can be concluded for
design purposes that the interaction heating pattern is similar for a wide range of Nge s and
cylinder diameter.
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HIGURE 170 - Effect of Cylinder Diameter on Interaction Heating Factors
Note: M, =2.65; Nres =5 x 10% A = 0.deg; =10.70in
Decimal Points Locate Data Point Cg/Cyi 1t Values Given.

Y is|the Distance Measured Normal from the Elow Streamline that Would Fass
Through the Center of the Obstacle; “*” Indicates (Cn/Cy 1) for D =1.4 in, L =[12.0 in
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FIGURE 171 - Effect of Cylinder Diameter on Interaction Heating Factors
Note: M. = 4.44; Nges = 8 x 10%; A =0deg; =0.70in
Decimal Points Locate Data Point C/Cy 1 Values Given.
Y is the Distance Measured Normal from the Flow Streamline that Would Pass
Through the Center of the Obstacle; “*” Indicates (Cu/Cp 1) for D=1.4in,L=12.0in
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FIGURE 172 - Comparison of Interaction Heating Factors for Cylinders with I}/D > 4

6.1.6 (Continugd):

The effeqt of local Mach number Mg and local Reynolds number Nge s On maximum interaction
heating factor C/Cy 1 is given in Figure 173. Despite the data scatter, the resylts of
References 48 and 49 show-a'significant increase in Cn/Cy 1 with increasing My and decreasing
Nres- The Cu/Ch 1y results are correlated by the following empirical equation to within 20%:

C, 22M,

- 0.15
CH,T,t NRe,s

(Eq.216)

This corrglation is shown in Figure 174.
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6.1.6
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FIGURE 173 - Effect of Local Mach and Reynolds Numbers on
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FIGURE 174 - Correlation of Maximum Interaction Heating

Eactors for Unswent Cvlinders (For Kev _see Fiaure 173)
Lud J \ PA J 7

(Continued):

The effect of sweepback of the probes on the interaction heating factors is given in Figure 175.
In this figure, values of Cy/Cy 1 are plotted versus dimensionless distance parameters for three
meridian angles ¢ and for sweep angles A from 0O to 45 deg. Sweepback causes large
reductions in interaction heating, particularly upstream of the probe. A sweep angle of only 15
deg causes approximately 50% reduction in maximum local heat transfer rate. The effects of
sweep downstream of the probe are less significant, having little effect for x/D > 3.
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6.1.6

Fl

(Continug

The effed
taken fro
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GURE 175 - Effect of Probe Sweep Angle on Interaction Heating Factqg

pd):

ts of sweep on maximum interaction heating are summarized in Figure
m test.data in Reference 48. Sweep is somewhat more effective for la

undisturbled Boundary layers than for the turbulent case. The assumption of tur
conservative’ design procedure

176, which is
minar
bulent flow is the
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FIGURE 176 - Effect of Sweep Angle on Maximum Body Interaction Heatjng

6.1.6 (Continugd):

Experimgntal data on steps (L < ) reveal theexistence of a pronounced maximum in heat
transfer gway from the window or step centerline meridian, downstream of the window. This
maximunp occurs at y/D of 0.25, and is indicative of the presence of vortices. (This vortex effect
has been| noted in previous ablation tests of small protuberances as well as cavjties.) No
evidence|of such a maximum of the-centerline meridian was noted in the probe results,
indicating that the sources of the vortex may be the interaction of the top plane and lateral
surface of the window. Probe-interaction heating appears to include at least twg general
classes df protuberance effects:

Class 1:

L/5> 1, L/D > 1 (Eq.217)

Class 2:

L/s~1,L/D ~ 1 (Eq.218)

In Class 2, the boundary layer thickness approaches the same order of magnitude as the
protuberance height.

The “short cylinder” or probe class of protuberance has been reported in investigations of
undisturbed turbulent boundary layers (References 50 and 51). Reference 51 did not measure
heat transfer in the high heating area upstream of the protuberance; hence the results are
primarily useful for downstream effects.
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6.1.6

(Continued):

Figure 177 summarizes these results.

It indicates little reduction in heating until the cylinder

height is reduced to 0.5 in, to give an L/5 of 0.36 and an L/D of 1.33. Sweepback does not
appear to have significant effect in reducing the maximum heating levels downstream of the

hen it was swept
investigated in

clusion of

cylinder.
4 | 1 1.l> [ L=2N. |
. 0.90
-
0 [ FLow _‘ 1.85_1.05 1.500.90
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0.55 ]
2 1.45 —]
38344 210 4
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4 0.85 0.80 ]
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FIGURE 177=Interaction Heating on Body Due to Cylinders
4 =4.4'in, Turbulent Boundary Layer A = 0 deg
(Bloom and Rallone, M. = 6, D = 0.375 in); Values Plotted are Cp/Cy 14
(NOTE: Decimal Points are Locations of Readings)
A drastic|increase in heating near the cylinder was observed from these data wi
forward. [Scaling of the interaction region with cylinder cross-sectional area was
Referenc A9 Thao roaculic ara coamowhat incoanclhiiciva and mav crimnarrt tha ~Ad
A~ ) LILILAYZ I\JQUII.\) ure \JUIII\JVVI L= 1Y IIIUUIIUIU\JIVU uartTu Illuy \JUV'JUI LNLLEAZAYAY4d]

Reference 51 that interaction heating does not scale with cylinder size. More detailed studies
are needed to resolve this question.

The designer must recognize that the results presented in this section should be used with
caution when applied to design analysis for geometries and local flow conditions much different
from those which existed during these tests. There are not sufficient data available to
determine a generalized correlation of the effects of Me, Nge s, L/D, and L/3 on interaction
heating factors due to “short cylinders” of windows.
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6.1.6.1

Heat Transfer Rates on Probes: Representative measured heat transfer coefficient ratios are
given in Table 10. The theoretical freestream stagnation line heat transfer coefficient is
computed from the relation

(CH,oo,t )cyl _ |:(rn )body

:|1/2

Previod
hypers(
maximu

(Ch,t Jbody - Dyyi
TABLE 10 = Sulllllldly Uf rV‘Id)KiIIIUIII \Vldiubb
of CH,t/CH,t,w
NRe,oc,D CH,t/
Ref. M. x 10°® Chit.
48 2.65 0.7 1.4
3.51 0.7 2.3
4.44 0.7 2.0
52 2.25 1.0 1.0
2.64 1.13 1.4
2.97 1.22 2.0
3.23 1.28 1.0
3.89 1.41 1.2
4.92 1.71 1.6
5.5 1.87 1.3
53 2.65 0.7 1.8
3.51 0.7 2.1
4.44 0.7 3.0
49 10 0.04 0.8

s measurements of stagnation line heating rates to protuberances in s
bnic-flow have been reported in References 48, 52, and 53. A summar
mvalues of Cy/Cy .. from tests reported in these references is given

(Eq.219)

upersonic and
y of the
n Table 10.

Further investigation is required to determine whether the low values of Cy/Cy; .. for the last
investigation listed above are due to the low freestream Reynolds number or higher
freestream Mach number. The present result of Cy/Cy ;.. = 0.8 should be used only for

similar flow conditions, pending further results at higher Nge ..p and M...
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6.1.7 Entry Vehicle Wake Heat Transfer: A method of correlating the heating rates in the separated
flow field behind a rearward-facing step is provided by Donaldson (Reference 54). This
correlation of data obtained from wind tunnel and shock tube tests can be expressed in terms of
the Stanton number and Reynolds number:

Laminar:

(Eq.220)

Turbulent:

where th¢ Stanton number is defined as

(Donalds
of the ovg
The Reyr

where the length Ab is the distance between the dividing streamline and the afte

measure

Re, Ab

N, = g
st =
gppup (hy&hy,)

pn actually reduced the data in terms of (h; - hy,) instead of (h; - h,,). Hg
brall scatter observed in wake heat transfer data this difference is usua
olds number is defined as

N _ 9PpUp (AD)
Re,Ab =
MUy

i normal to the axis of symmetry (see Figure 178).

DIVIDING

(Eq.221)

(Eq.222)

bwever, in view
ly insignificant.)

(Eq.223)

rbody surface,

— STREAMLINE —

FD

FIGURE 178 - Entry Vehicle Geometry
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6.1.7

(Continued):

The thermodynamic properties denoted by the subscript b have been determined along the
dividing streamline (this assumes that pressure across the separated flow region is constant
and equal to the value at the afterbody surface of the entry vehicle). The length Ab has been
determined by assuming that the flow along the dividing streamline expands isentropically, with
v = 1.4 (Prandtl-Meyer flow), from the sonic point on the body. The sonic point has been

assumed to occur at a local body angle of 45 deg.
For flat bgsed uuufiywatiun, theAbparameterisas-shownimHigure—+7S—imthe limit, Ab
reduces fo the boundary layer thickness &. The designer should be cautioned that the above

procedur
wake are

b is approximate and is used to estimate the magnitude of the heat trapsfer rate in the
A.
T~
Ua Ap =
/§\

FIGURE 179 - Flat Based Configuration for Entry Vehicle

Asymmefric Entry Vehicle Heat Transfer: Lifting entry vehicle configurations arg
asymmetric; this, coupled with high angle of attack flight attitudes results in com
dimensiopal flow fields, flow separation, and‘reattachment in the control surface
resent winged configurations-<are relatively simple shapes: swept wings and blunt

5 of rectangular
acilitate the

vehicle.

leading edges and noses, elliptical body cross sections, or various combination
and conigal cross sections. Generally, these comparatively simple geometries 1
nalysis of this class of vehicles; however, as the capability of high-temperature
materials and cooling techniques improve, more sophisticated design$ and

configurations will require-more detailed analyses and/or extensive ground facili

heating
structura

tests.

Detailed
approxim
wedges,
pressure

pnalysis ofilifting entry vehicle aerodynamic heating can be performed py judicious
ations-efwarious portions of the lifting vehicle by geometries such as bjunted cones,

distributions, and heat transfer given in Paragraphs 5 and 6.1.1 to 6.1.

br flatiplates, which may then be treated by the methods of predicting i’7ow fields,

relations

methods
highest h

Wing leading edge heating is the next most important area to be considered. Approximate
for the effects of wing geometry (both section and planform), heating rate distribution,
and the effects of angle of attack are given. Analysis of the region aft of the leading edge then

methods

follows, treating this region as a flat plate.
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e normally
plex three-
section of the

ty heat transfer

. Approximate
or glide entry venicle environmental parameters were presented in Paragraph 1.3.
This section presents additional approximate relations which may be used to supplement the
given in the sections referenced above. The stagnation region usually experiences the
eating rate on a hypersonic lifting entry vehicle, thereby requiring detailed analyses.



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

6.1.8

6.1.8.1

(Continued):

Throughout this section, heating on the lower surface is emphasized. Hypersonically, the upper
surface will be in a region of extremely low pressure and normally in separated flow. It has
been shown that separated flows reduce heating, with only the reattachment creating increased
heating. For preliminary design, convective heating on the upper surface may be estimated
conservatively by assuming pressure levels equal to ambient pressure for upper surface angles
of inclination greater than 10 to 15 deg referenced to the vehicle velocity vector.

Stagna ion Paoint Heat Transfer Hnmir\ylindnr Nose: The |l ees method prn\linus|y presented

may be written in terms of lifting vehicle velocity, atmospheric density and entfy vehicle
hemispherical nose radius as

qt\lrn -9 0.5 3
—T =3.16x10 V2, Eq.224
T (9p..) (Eq.224)
and for|a hemicylinder nose,
Al 9 05\/3
— 1 =3.16x10 V3 [\2 Eq.225
T (h, /) (9p.) V2 I (Eq.225)

The logal laminar heat transfer distribution; up to included angles of 70 deg, can be simplified
to

afr,)"* ) n
(9p..)"° ¢V.:/1000)° [1 - (h, /h)] (3.16/42 ) cos™ 0 (Eq.226)

where the pressure distribution according to Newtonian theory is valid; that is,

P o cos?e (Eq.227)
t

The local-to-stagnation heating rate may be further simplified up to0 /0 deg as

i ~cos" 0 (Eq.228)
qt

where:

n=1forM. ~2
=1.5forM.>5
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6.1.8.1 (Continued):

Figure 180 is a design chart for the surface heating rate distribution for a two-dimensional
body with a hemicylinder leading edge. The heating rate (§/ ;) is presented as a function of
the surface distance from the stagnation point (s/r,), for various values of the effective angle of

attack. This distribution is valid for only a short portion aft of the leading edge,
(s/r,) < 5. For hemispherical nose regions the stagnation heat transfer rate to a hemicylinder

is multiplied by /2 .

1.0 — [ ] ]
08 |— —
g
T
ui 0.6 |— a =50 DEGREES N
oo
<C / 60
o
10} 40
Z
Z 04 — —
L
T
0.2 |— e
5 | | NN ] | l
0 0.5 1.0 1.5 2.0 25 3.0 3.5
SURFACE DISTANCE FROM STAGNATION POINT, s/r,
FIGURE 180 - $urface’Heating Rate Distribution for a Two-Dimensional Hemicylindrical Leading Edge
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6.1.8.1

6.1.8.2

(Continued):

Local turbulent heating on the hemicylinder leading edge may be similarly simplified; that is,
0.2
ary 5 { %6 cos'® ¢ }(0.408) 08

- Eq.229
(9p)*8(V.. /1000)°[1-(h,, /hy)] 2%%| 054 (1-B26%)°7 |\ B (Eq.229)

Fory=1.2 (B = 0.408), maximum heating occurs at 6 equal to approximately 35 deg.

Wing Leading Edge Healing: The next most severe condition to be conS|derettj in lifting entry
vehicle|heat transfer is wing or control surface leading edge heating for condifjons exterior to

the vehficle shock layer system. The laminar stagnation point heating rate to g cylinder normal
to the flow may be obtained by a coordinate transformation of a spheréin thrje dimensions to

a two-dimensional system by multiplying the former value by 1/ 2. Wing or {in control
surfaces are not usually normal to the flow, however, and geométric considerations for wing
sweep and angle of attack must be applied. Sweeping a wingor fin leading efige of a
hyperveglocity vehicle will generally result in a reduction ofthe convective heat|input to the
wing. The reduction may be expressed in the form of & cotrection to the heating rate of an
unswept wing.

FOR LAMINAR FLOW:

(1) Sweep Only:

0.5 3
. 3.16[p.g| [V

= == x_| cos A Eq.230
R 2 [ r ] [1000] (Eq.230)

By normalizing this equation to the zero sweep heating rate, a sweep cofrection factor
far laminar flow is obtained:

A _cosA (Eq.231)
da=0

The preceding simplified analysis is intended to indicate trends only. Experimental data
harve shown that the sweep correction factor can best be expressed in the form

94 _cos"A (Eq.232)
da=o0

A value of n = 1.5 is recommended for 0 deg < A < 60 deg; however, lower values of n
from 1.0 < n < 1.5 are possible at higher angles.
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6.1.8.2 (Continued):

(2) Sweep and Angle of Attack: When a delta wing is pitched to an angle of attack the

effective sweep is decreased and the local angle of attack to the leading
effective angle of attack is increased. The following relationships are ap
wing configurations:

tan o

Og = tan‘( j = effective angle of attack
cos A

edge or
plicable to delta

(Eq.233)

Ag = sin~!(sin A cos o) = effective angle of sweep

b¢comes

A _ osn Ag = [1—sin2 Acos2dl
da=0

FOR TURBULENT FLOW:

a,r.>? 56°° cos'® 6

= os”* A
(9p)*3(V /10007 (1—h,{R,)  2°2(0.542)

The sweep correction for turbulent flow is reduced to

[ au J _cos** A
11

Gnose max. turb.

6.1.8.3 Heat Tansfer in thexBlunt Nose Induced Pressure Field: The stagnation poin
stagnation region~distributions presented in this section apply only in the imm¢

(Eq.234)

For laminar flow, from the above, the sweep correction equation*for an angle of attack

(Eq.235)

(Eq.236)

(Eq.237)

and local
bdiate vicinity of
e values may be
ral diameters
pressure must

ransfer rate

evaluated from the equations given in Paragraphs 6.1.2 and 6.1.3 or by pressure corrections

to the flat plate relationships below.
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6.1.8.4 Flat Plate Relationships: Summarizing, equations for laminar and turbulent flow are as

follows:
v 0.5
_ = 0.03120%'* (laminar flow) (Eq.238)
(gp)*(V../1000)°[1-(h, / h)]
qX0.2 B o
(an Y8\, 1100003 M—(h /h M 231+ (11/3%h /h)1] (turbulent fIOW) (Eq'239)
OGP 7 (Ve TO99) L Crw? T/l oL T o oW
where:

o|= Angle of attack, deg

Table 111 summarizes pertinent heating relations.

TABLE 11 - Resume of Laminar and Turbulent Heating Equations for Lifting|Entry

Locgtion Laminar Parameter Turbulent Parameter
. 05 - 02
qrn = qrn -
(9p..)*° (V.. /1000)° [1—{h,, /h)] (9p..)** (V./1000)° [1—(h,, /h)]
Hemicvlinde NG . 5 0% cos'® 0
where:
n=1forM=~=2
n=15forM>5
i 0.6 1.6
Leading Edpe 3.0156 cos A, cos” 6 5 Eoi2® A 0°° cos'® g
2" 202 € 0.542
Wriere. Where:
e i i
Ae =sin” (sin A cos o) Ao =sin™ (sin A cos )
Flat Plate 0.5 02
0.0312 (r_nj (12/3 0.333 (rn /X) o
X 1+ (11/3)(hy, /hy)
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6.1.9 Low-Density Effects: At superorbital entry speeds and for flight missions where maximum heat
rates occur at high altitudes, other phenomena have a significant effect on the heat transfer.
Among these are nonequilibrium flow chemistry in both the shock layer and the boundary layer;
radiation from the high-temperature gas behind the shock, which can be intensified by
nonequilibrium effects; and release of electrons in ionization which, because of their high
degree of mobility, may tend to increase convective heating.

Figure 181 identifies the primary hypersonic entry problems. In this figure, velocity-altitude
curves for selected typlcal entry traJectones are glven Also shown in the flgure are boundaries
indicating-certa , s-chemical-orphysical processes previously
mentioned may occur and where the deS|gner must check hIS vehlcle system'tolensure that he
has exanpined its performance in these regions. Boundaries as shown are somgwhat arbitrary
in nature| since they depend largely on the configuration and size of the;body, the model
atmosphegre, and other factors. Information presented in the figure was'made fgr the stagnation
region of[a body with a 1 ft nose radius, using a 1962 ARDC model-atmospherel The boundary
hich gives the maximum altitude for thermodynamic equilibrium in the[shock layer, is
based on| the relaxation distance for the temperature to reach its’equilibrium vallie behind a
ock, similar to the estimates given previously in Reference 55. Curve|(B) represents
the upper altitude limit for an equilibrium boundary layer ‘and is related to a recombination-rate
parametdr similar to that in Fay and Riddell’s theory ofithe stagnation point boundary layer
(Referenge 23).

400 . BRET ' .
ELLITE LUNAR
11 I(LIFTING)
(RN
(C) MAXIMUM ALTITUDE.FOR CONTINUUM DESCRIPTION (R= ! FT)
NI B
L | _
- 300 i1 |
) | J | maximum |
= / | ALTITUDE FOR /
r | EQUILIBRIUM SHOCK /
t BOQST PR LAYER (R=IFT)
W 200 _
o |
=
5 METEOR
< (MEANOOK 132)
— sl
100 .
NG
ICBM _ .~ BOUNDARY LAYER FLOW FIELD
- (R=1FT)
(E) IONIZATION AFFECTING
o | A TRANSPORT PROPERTIES
15 20 25 30 35 40 45
—
VELOCITY, FT/SECX 1073

FIGURE 181 - Typical Flight Trajectories and Boundaries Delimiting Some of the Important Domains
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6.1.9

(Continued):

Except in the case of deep penetration typified by the ICBM trajectory, the critical portion of
most entry flight paths (where maximum deceleration and heating occur) lies above both
boundaries (A) and (B). The nonequilibrium chemistry of the shock layer is particularly critical
for listing entry from superorbital speed because chemical nonequilibrium tends to increase the
temperature behind the shock and thus the radiative heat transfer. From curve (C) it is seen
that the assumption of a continuum flow for predicting the critical motion and heating of entry
vehicles may be largely valid. On the other hand, departure from the classical, thin boundary-
|ayer con npf’ curye (n), ac a2 rosult of external \/nr'fir\th/ and-otherrarefactioneffects can be
significant even at relatively low altitude. The boundaries (E) and (F) are related to the
electroni¢ heat conduction and radiation loss effects, inferred, respectively, from the results of
References 27 and 56.

By use of Figure 182, the designer can rapidly estimate the magnitudes of the derodynamic and
radiative heating according to his systems mission. The results in the figure regresent
predictions for continuum flow, and by means of approximate methods for the Iqwer-density
regimes, fthe designer can rapidly estimate the critical portions of the entry traje¢tory with
respect tp vehicle loading and heating.

250 - I | L l N T 7 T 1 ]
= (Jrap/ry) =1 1 -
() = (Gruna/daagl= 1, .= 10 FT =
1 2 — . TUFjB RAD: n =
9 00 = (Grur/drap) =1, T, = 1 FT 10 -]
= TURBULENT -
i 150 | CONVECTION
" - DOMINATES
w 100
% —
50 =
= a DOMINATES 3
H Y/ A
<
5 10 15 20 25

VELOCITY, FT/SEC X 103

BIGURE 182 - Altitude-Velocity Heat Transfer Map, Ballistic Entry
(NOTE: The parameters 1, 10, 100, 1000, and 10,000 have the units of Btu/ft3-s)

In Figure 183, the high-altitude hypersonic flight regime is shown divided into subregimes.
Typical ballistic and lifting entry trajectories of hypersonic vehicles are superimposed. Figure
183 is typical for a nominal nose radius equal to 0.1 ft. For smaller nose radii, all low-density
effects are shifted to lower altitudes. Descriptive stagnation region velocity profiles are shown
to the right of the respective flight regimes.

224 -



https://saenorm.com/api/?name=96c1acc6e180a6891f8093509fcefa15

SAE AIR1168/11

6.1.9

T T 1 i 1

EQUILIBRIUM v
GLIDE
VEHICLE Y=

/C,S=25 LB/FT2 ]

XX e

500

V. u
Q‘%
b y._?
o
x SUPERORBITAL V, u
- 400 ENTRY o—J
['S Y v
w
S LOW REYNOLDS NUMBER MERGED Vo u
F 300} FLOW REGIME VISCOUS y -
5 LAYER
< BALLISTIC Y
ENTRY VISCOUS Voo
VEHICLE LAYER y
200 W/C A= .
1000 LB/FT? y v
@©
CONTINUUM REGIME yLz
Ioo 1 1 i 1 1
10 15 '20 25 30 35 VELOCHE"Y
s PROFILES
Vg FT/SECxI0 (SCHEMATIC)

FIGURE 183 - High Altitude Hypersonic Flight Regimes, r, = 0.1 ft

(Continugd):

The first significant low-density effectto appear is the interaction of the boundary layer

displacerpent thickness or streamline deflection:

MZ
e

At higher|altitudes-the boundary layer merges with the inviscid flow field, and a

Streamline deflection ~

(Eq.240)

iscous region

exists from the body surface to the shock wave. As the gas stream becomes mpre rarefied, the
effect of $lip at a body surface becomes significant. When the mean free path af the fluid is

and free molecule row eX|sts Added compllcatlons at Iow densmes WhICh require

ave disappear

consideration by the designer, are the transverse curvature, transition, entropy gradient, and

nonequilibrium flow effects.

The various flow regimes can be classified on the basis of the Knudsen number:

Mean free path
Characteristic body length

A
Ny, = —
Kn L

(Eq.241)
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6.1.9 (Continued):

The following arbitrary definition (Reference 64) of the flow regimes should be utilized:

Continuum flow = Nk, < 0.01

Merged continuum flow = 0.01 < Nk, < 0.1

Slip flow = 0.1 < Ny < 1

Figure 184 describes the regimes for which the freestream mean free path (as i

was useg

to compute N,

Transition flow =1 < Nk, < 10

Free molecule flow = Nk, > 10

(Eq.242)
(Eq.243)
(Eq.244)
(Eq.245)
(Eq.246)

h Figure 183)

102 g -
= ! I | /3
- N oo = 0.01%7/0.1 =
101 L conTINUUM 1
= FLOW. v /3
- = 4 3
uw [~ MERGED 7
T 10° [ CONTINUUM ]
5 E . FLow 10 J
Z — -
o] - .
-l 1t ]
o 107 =
B = SLIP
e - FLow ]
o, F ]
i 102 - =
(®) — —
é — -
< - TRANSITION
z 10° - FLOW —=
“ FREE =

10 | MOLECULE

= FLOW,
= NKn‘oo=)"oo/L
10-5 [ | | |

0 100 200 300 400 500
ALTITUDE, FT x 1073

FIGURE 184 - Flow Regimes of Entry Aerodynamics
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6.1.9.1

Viscous-Inviscid Interaction: The pressure on a blunt body in hypersonic flow is significantly
higher than freestream pressure because of two effects: the inviscid or bluntness effect and
the viscous or displacement effect. Pure viscous effects can be closely approximated by
assuming an infinitesimally thin body. Since an infinitesimally thin body is impossible to obtain

in practice, the viscous and inviscid contributions to the surface pressure occur
simultaneously as shown in Figure 185.

SHOCK WAVE
: BOUNDARY.

77—

f —  LAYER

FIGURE 185 - Thin Body Geometry

The strength of the viscous interaction is directly proportional to the boundary |layer

displacement thickness of streamline deflection, and &*~M? /</N&,. The induced pressure is

proportlonal to the product of streamline deflection and freestream Mach number:

P~6*M

P~y ~M3 Nz,

(Eq.247)

(Eq.248)

At hypgrsonic speeds the boundary layer-ata given Reynolds number is thicker than that at
lower speeds. The thicker boundary layer effectively distorts the body contoufs and thereby
causes|higher pressure distributions, than those predicted by inviscid flow thegries. The

increaskd pressure also causes highér heating rates, which are of significance to the design

of heat|protection systems.

An appfoximate engineering:method applicable to the prediction of the surfacg heat transfer on a
flat plate with pressure gradient, caused by nose bluntness and viscous interdction effects, is

given below (Reference57). The method provides correction for the effect of sweep and angle
of attagk on the sufface heat transfer. The method is also a linear addition of the two limits of the
zero orfler theary (Reference 58) which corresponds to limit cases in which displacement and

bluntness dominate (Reference 59).

The engineering relations are listed below.

(1) Unswept Plate at Zero Angle of Attack:

1/2
M:C,, . =0.219 ly—_:.[o.am 41.73 TT_WH

Y+ ¢
1 t‘l/3
o[
v+1) X

(X )2y +0.119% Ly -

(Eq.249)
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6.1.9.1 (Continued):

where:

X. =M2/C,, //Ng.., is based on undisturbed freestream conditions

(2) Unswept Plate at Angle of Attack: All quantities are based on sharp wedge inviscid flow

conditions.
_  M,C
X, = —— (Eq.250)
NRe,a,x
u,X
Nreox = gpﬁA (Eq.251)
o
0.147
T. 9Py | [ Mg I x

NRe.x = (fj (gp—ﬂ (ﬁ} +Nret (Eq.252)
p=T0 (Eq.253)

1 T 1/2

M:C,,, =0.219 l% ; [0.664 +1.73 ?w] (X, )2y
’ Y t

(Eq.254)

1/3

+0.119%, v - |MC, [z_ﬂ]%
(3) Swept Plate at Zero.Angle of Attack:
1 T 1/2
M C,. =0.219 IY— [0.664 F1.73 2| (X ) A v
YH K (Eq.255)
TOTT9%x_ J7. [Mo (=11 COSJAM
. X . —
oo\/Yoo [ oolY+1J DlXJ J
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6.1.9.1

6.1.9.2

(Continued):

(4) Swept Plate at Angle of Attack:

1/2
1 T _
MC., =0.219|1"".10.664+1.73 2| (x )2
o~ H,o l'Y+1 [ + _I_t ]} ( (x) Yoo

1/3

+0.119%, .. -

M2 (Y—_1] Co [ l] cos’ A
v 1 X

(Eq.256)

L 1

Equatigns 254 through 256 give acceptable agreement with available experim

ental results,

when pressure gradient occurs (+20%). For negligible pressure gradient the zero pressure

gradient method of Reference 38 gives good agreement with the experimenta

| values (M°Cy).

For dedign purposes, when X, > 3.0, the method (with pressure gradient) shquld be used,

and for|x,, < 3.0, the zero pressure gradient method should be used.

Mergeq Viscous Layer: With increased altitude the boundary layer merges wi
layer, and from the body surface to the shock a viscous region exists. Figure

criteriom which determines when the technique of dividing the flow field into a

inviscid| layer must be abandoned (Reference 60): At this point the complete

equations must be applied from the body surface to the shock wave. This me
paramgter is defined as the ratio of the nominal boundary layer thickness to s
detachment distance, multiplied by the square root of the vehicle nose radius,
at the fprward stagnation point of the ‘bedy. The abandonment of the viscous
solution occurs when the magnitude“of 6/Ax approaches unity.

th the shock
186 gives a
viscous and
Navier-Stokes
rged layer
nock

and evaluated
nteraction

The hypersonic shock wave_ in the merged viscous layer regime is curved, and the originally

irrotatignal flow becomes rotational as the result of passing through this curve
the vorlicities generated by the shock and wall are of the same order of magn
increasg in heat transfer’becomes significant.

d shock. When
tude, the

The effect of shock-generated vorticity (merged viscous layer flow) on stagnation point heat
transfer rates ‘@f*a hemisphere is presented in engineering form in Figures 187 through 189
(Refergdnce 61). In these figures, q/q; is the ratio of the heat transfer rate determined by

solutior by
conventional continuum theory.
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FIGURE 186 - Merged Layer Parameter (Stagnation Point),
1000 < T, <3000 °R, 16 < Mach No. <24
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GURE 187.=Design Charts for Estimating Transverse Curvature Effegts
(U.. = 35,000 ft/s)
(4ruE is the Heat Transfer at Free Molecule Flow)
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GURE 188 - Design.€harts for Estimating Transverse Curvature Effegts
(U.. = 25,000 ft/s)
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